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INVRODVY VTN

In this section the results of Phase 2 of the research study to determine
propulsion requirement systems for “pace missions are presented. From
the results of the first phase studies three space missions were selected

for consideration. A booster vehic'e was selected tor each mission to

establlsh a nominal spacecraff size, The Phase 2 studies comsidered

tHese three mission/vehicle corbinations in the light of a more compréhen-

sive scrutiny.

The three nominal wission/vehicle combinations selected by NASA for con-

sideration in Phase 2 are de<rprited 1+ "ghla 3-1.

AR'E 3.

SELECTED MISSTON VEH'"LE COMBINATIONS

Nominal
Space Boos*er Earth Escape
Mission Vebicle Payload 1b
Soft,. Lunar Landing ‘ova H-6 150,000 (Vary from Nova
e |and Return to Earth's H-8 to Saturn C-2)
' Surface (Aero)
f
Mars Orbit {No Returny) ; Nova P oA 150,000 (Vary from Nova
‘ H-8 to Saturn C-2)
: ! A
Orbital Rendezvous ' Nova K20 0 L

~Substituted for .2
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e lunar wis=ion ropres a =olt lunar landing and return to®Earth.

Mars orhif mission reguirements ave the establishment of & circular orbit
around Mars with no return, The orhital rendezvous mission requires the
matine ol two or wmore vehicle=s 1noan Farth orbit in a manner that could
he used #ffor orbital buiddup ol space vebicles. In the selection of these
combinations 11 was understood that primary emphasis would be placed upon

the Innar ond Mars missions,

The neminai =pace vehicle for the lunar and Mars missions was based upon
the capabilities of the Novu -6 hooster vehicle. Origimally the orbital
rendesvous studies were to be based upon the capabilities of the Saturn
(-2 system. [t was understood however, that the (-2 booster,/second-
<tage cowbination will not be developed; thus the nominal vehicle was
ha<ed on the capahility of the Nova 1-2 booster which is approximately
the same as= the Saturn €-3.  in each of these mission studies the effects
of emploving alternate booster vehi¢tes which would result in a different

sise space vebicle were tnvestigated,

Phase 2 study effort is outlined in Fig. 3-1. Preliminary studies of
the propulsion systems used in accomplishing the space misslons were con-
dJucted. These =tudies inciuded consideration of environmental effects,
preliminary selection of engine vperaling parameters, and estimates of
the various deviations in engine per formance. Rather than establishing
the details of a specific system ou detailed engine design layouts, the
studies were conducted in a general fashion, bheing directed toward the
preliminary evaluation of the various alternative systems.

fhe relation of the vehicle propulsion system and the missibn/tr‘a_jectory
requirements was direc ted  of necessityv  to receive primary emphasis in

the Phaze-2 etady effor'. Althouch ~he basic energy requirements ol the

5-2 R-32038
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various propuisive muneuvers contained in the =elected space missions

were analvzed in the Phase t studies  that analysis indicated: (1) the
¢lo=e relationship of trajeciorv and propulsion requirements, (2) the
inamerable alternative trajectory schemes  and (3) the lack of any avail-

able il inelusive spuce mission. trajectory information source.

,

1‘1}’lmso 2 the individuai trajectories for the fthree space missions were
<ubiject to additional detailed evaluation to establish various methods of
accompli=hing the -pace mi--ions. A broad spectrum of these maneuver
combhinations was considered, and the effects of the resulting propulsion
requirements on the space vehicle and its payload capability studied.
Fmphasis was placed on the mwajor propulsive phases. Maneuvers such as
attitude control were given secondary consideration, The different sys-
tem variatious ¢ g, =pecific impulse deviation, guidance errors, cutoff
impulse deviation were studied n terms of their effects on the propul -

sion system design and the propulsive trajectory maneuver combinations.

As the technology tor space flight advances, specific basic schemes as a
result of =tudie= zuch as this, wi!” be shown to be optimum¥ however. at
the current status continuous further refinement can be expected. Review
of ballistic missile technology =<upports this fact. This study cannot be
conzidered as an end product; thus it 1s directed to further refine
future space propulsioun requirements. b
L
As the study is directed to define future propulsion requirements, cur-
reut restricting criteria which wou!d influence propulsion have not been
considered as ultimate criteria. For example, guidance and control sys-
tem= for i1nterplanetary and soft lunar landing systems must be considered
as in their initial phases of development. Improvement in design and

concept can he expected, Thus propulsion control requirements dictated

3.4 ' R-3208
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by “fivst flight” svstems can ot he cons=i1dered as an ultimate goal. In
retrospect 1ntfial hal a=crc gurdance and control systems required the
vehicle to "flv" a predetermined “1ne 1n space  have throttling, and cut-
off verniers: improvement in gnmidance and engine cutoff reproducibility
has all but eliminated these requiremen® <,

[}
As a sidelight to these =tudiv: yve' cognizant of them the propulsion
svstem characteristics are defined A tise of the specifications neces-
sary to characterize tire proym s;on :ys'»ms for the three space missions
was developed. Using informatinn from the mission and propulsion system
studies, these specifications are described in as great a detail as

possible.

The evalus‘iovs lead toward k- d¢. ript-ov of recommended systems for
the three space missiona exaw. ed. R-« 2zing that the study effort has
not been sufficiently compreh-n-- - "o defin:vely establish the propul-
s{on system details the recommendsd systews are considered of a prelimi-
nary nature. Areas of stnudy are sugges-ed for future effort which will
aid in providing a more detar’'=d A=t r-rron of the desirable propulsion

systems.

The space vehicle systems and “heir propu'-:on system are examined to
determine possible changes in dev. g corceps of alternate booster

vehicles are employed which wou 3 1e-n * in a different size space

vehicle system boos'er vehir -8 - *he range Saturn (-2 to Nova H-8

are tébnsidered. Effects on ~tagiag, fe<d sys+em. and propellant selec-

tion are noted.

3-5 R-3208
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SUMMARY AND CONCLUSTONS

PROPULSTON SYSTEM STUDLES

The Phese 2 stady was condusted to analvze and describe the requirements
.;(' the three space mixsions that were recommended for further study in
Phase | Ncece=sary to the analvsis of all three missions is the s tudy
of certain propulsion svstem features. These features and their effects
on the propulsion system can be studied to a great extent independent of

a particwlar space mission,

Space Environment

LY

The various constituents of the space enviromment were found to have
significant effects on the space propulsion system. The conditions of
hard vacuum, particulate radiation, zero gravity, meteoroids, and heat
transfer are all such that the operation of a propu1510n system in
space will be seriously compromised unless the proper design procedures

are followed,

Hard vacuum and particulate radiation present a problem primarily of
naterial selection. By designing the propulsion system with materials
which do not sublimate in a vacuum or deteriorate under particulate

Y
radiation., these problems can be circumvented,

3-6 R-3208
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Zero gravity and metcoroids present de
siderable attention. Difticul v of w0
pellant tanks is one of the more <ionj
gravity conditions. Numcrous me thods

gested. Many of these are feasih]. an

sten problems (hat are receiving con-
paration of was and Liquid in pro-

Freant prohlems brought about hy zero
ol accomplishing (his have beon sug-

I can be incorporated in propulsion

. - . . i A 3 .
system design.  Protection of bropulsion svetems from puncture by meteopyp-

oids appears to he provided most etftie

tently by "Whipple meteoroid bumpers."”

These thin shields surrounding the component to be protected seem to he very

effective in reducing the penciration

. . 4 . .
tional effort is necessary to provide

Heat transfer in space prescents proble

of the high-energy meteoroids. Addi-

good design information.

WS I Storing propellants f{or

cextended times.  These problems arise not only from the thermal radia-

tion emitted by the Sun and Planets, but from conduc tive heat transfor

which occurs betweon dissimilar propel
other internal heat sources.  Studies
propellants (hydrazine, utc.). cun be ¢
face and attitude control. For the mi
cryvogenic propellants (hy(lrogen, ote.)
attitude control in combination with ¢
material such as Linde S1-7.

"y

Miskions of long duration may require
(high-«-nurgy) pPropellant combinations

will provide more payload capability,

lants or between the propellants and
indicate that the "Karth storable"
asily maintainoed through proper sur-
ssions currently contemplated, Lh_(-

can he maintained by surface and

he application of a good insulatPon

€0 much insulation for the cryogenic
that a storable propellant svsiem

This is illustrated by Fig. 35-2

developed in this study.  The figure bresents the combination of storage

time and propellant welght which cause

([;()21/11!12) combination to decrease (o t

the payload of the cryvogenic

hat of the storable propellant
-
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L 4
™MON MM cowhination. 1T 1y combination of storage time and propellant
weluzht result in a pornt above the cnrve  the MON, MMH combination will
provide the greater pavicad: i f below the curve the L02/LH0 combination

=

will provide the oreater pay lqod.

Studies =imilar to that above indicared that for the present space ve-
hicle based on the Nova H 6 booster L0, IH2 could be used in all stages
for both lunar and Mars missions. The storability of these propellants
Is stroogly dependent upon the iaternal conduction. the size of- the ve-
hicle in question, and the method of storage (no loss vs propellant boil-
off). These require additional study before a complete evaluation can

be made. The internal conduction in particular is a function of the de-
tailed design of the vehic'e wnd is difficult to analyze in a general

manner .

ENGINE PARAMETER OPlfMIZAT:b\

It is generally desirable tg utitize the propulsion System'that provides
the maximum payload capahility for a given gross weight, This payload
capability is strongly.a function of the engine operating parameters;:
mixture ratio. thrust-to wejght ratio, chamber pressure, and expansion
ratio. By proper selection of these barameters, maximum payload capa-
bility can be provided. Through cons:deration of previous Rocketdyne
studiés, parameters were selected for the preliminary propulsion systems

to be used in the various mission studies. R
Methods are also developed for the rapid evaluation of these operating

parameters, giveun certain hardware ynformation. Using these methods,

optimum chamber pressure expansion ratio and thrust to-weight ratio

39 R-3208
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VA

L 4
can be determined.  The effect of various factors on the optimum chamber
pressure 1s 1llustrated 1n Fig $%-3 for pump and pressure-fed systems.

Variartion of 50 percent in certain factors affect the optimum chamber

pressure as shown

.T\‘Glt\'}f PERFORMANCE DURING ITRANSIENT  OPFRATI1ON

Duving engine startup and cutotft, thrust is a function of time This

transtent thrust buildup or:aeoay contributes a certain amount of impulse

to the vehicle. Due to variations in engine components, this impulse con-

tribution will vary from run to run 1n a given engine. This variation in

impulse can =ignificantly affect the Frajectory to be traveled by the

space vebicle and must be reduced to a negligible effect through engine

system design and.or corrected 1n a subsequenﬁ propulsion phase.

'

For most propulsive maneuvers the variations in engine start can be taken

into account by the guidance system during normal engine operation, and

the necessary correction made. Impulse deviations at cutoff were estimated

for several propulsion systems as a function of engine thrust. The devia-

tion can be decreased either by lowering thrust or by reducing the main

valve clo§1né time. There are, naturally, limits on both of these methods.

pome estimates were made of the effect of this éﬁ%off impulse on the
Qvlomty of the space vehicle Ibese effects were considered for the lunar

landing vehicles, and the velocity variation was less than *1 fps.

3-10 R-5208
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FNGINE THRO T I

-

I several propul sive maneoy ers the cequirement forp engine throtvtling Hay

arise.  This throit! ing may be accemplished in a single step or may b
-

contimious.  The performance lossos accompanying throctled operation
-

woere studied., In peneral it was found that rthe losses 1t thrust chambe r per-

"ox'm;m(o (specitic tmpulse) were small for space applications. Fop

example., a case ot 3:] throttling resulted in less than 2-pereent de-

crease in thrust chamber specifle impulse at the thpo ot led comd it ion.

In a pump-ted svsiem the deecrease in engine « wetltie impulse may be
. fand .

greater due to inefficiencies in (urbine operation.

3?7

SECONDARY PROPULSLON Sy STEM CONSTDERATIONS

I addition to the topics discussed above there are some secondary aspeets

. .
which were cousidered. Irapped propellant, propellant utilization gyatem,

thrust vector control requirements.and vehicle aceeleration lowmds all

’
nffect the propulsion svstom desion.

-

A study was wmade of e trapped propellant in a LO_, Lii pump~fed vehiele.
) 2

2?
Frapped vropellant is thoa propeilant thatf i< left unburned due to a pre-

mature exbaustion of the ofhoeyp bropeliant.  Taking into aceount off-

SN LUTCrat fanking and deviation from crpected cime-average one e
. Trrse g

Falio opeenton. . rapped prapellan s e exttmarted te o

Sonec et af cqe peghle propedilant bacod noafael bias propeilan
a,
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For propulsion svstems which supply fairlv large velocity increments, this
amount of trapped propellant wil| stonificantly decrease the payload capa-
brlityv. In these svstems a mixinre ratio control or propellant utiliza-

tion svstem would be benef e Pat

[ 4
Analiysis of thrust vector (orres t1ve torque requirements for space vehicles

indicates that generally a grmbal angle of 1 to 2 deg (together with an
auxiliary roll control system 1f a s.ngle engine 18 used) should be employed
Although for some space powcred-flight maneuvers a small Separate attitude
control svstfm would be adequate (thereby allowing a nongi&balled engine)
consideration of e¢ngine thrust vector ‘and vehicle center of gravity mis-
alignments dictates mwain engine gimbaling For a specific vehicle these

requirements shouvld be analvzed 1o more derarl so that vehicle dynamics

can be considered.

Study of the acceleration loads 10 which a space vehicle would be sub-
Jected 1ndicates that the inherent low 'ntrial thrust-to-weight systems
required would result in low-11)yght loads during space stage operations:
approximately 4 g axial and 0 5 g laieral . More severe requirements are
dictarted by boost phasc¢ and ground handling ronsiderations. Nominal

values for these etfects are-

Direction load, g Operation Phase
Axial R Boost
Lateral 4 Handling
L 4
513 R-3208
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LUNAR TANDING AND RETURN °
In the study of the lunar landing and return mission, a large variety of
propulsive maneuver combinations were considered. The various schemes
considered are described in Fig. 3-4 through 3-7. From this maneuver
! spectrum two basic methods of accomplishing the lunar mission evolved:
‘ (1) direct lunar landing, and (2) orbital landing using an intermediate
lunar orbit. These two methods are 1llustrated in the figures by the

shaded regions.

As in all of the space missions, the space vehicle was assumed to be in a
300-n mi Earth orbit. The space vehicle deéparts from the orbit with a ?
propulsion phase that has the thrust vector aligned with the velocity
vector.  This phase terminates when the vehicle has attained the energy
required to make the Farth,/moor transfer in the desired time interval.
Midcourse trajectory corrections are considered to be applied in two or

more increments to reduce the landing error .

The vertical lunar landing method uses a maneuver which places the vehicle
on the lunar surface directly from the transfer trajectory. This is
accomplished by means of a fixed-thrust level interrupted burning maneuver
in which the velocity and thrust vectors are essentially vertical during

the firing No substantial hovering or lateral translation provisions

.were included. :

The lunar landing from orbit was aleo studied and is considered to be the
most generally desirable type of landing A 50-n wi orbit is first estab-
lished (fhe plane of which is determined by the veloéity vector at the
beginning of the transfer phas=e) using a thrust antiparallel to the veloc-
ity maneuver. This circular orbit is converted to a 50-n mi/30,000-1t

v - _
ellliptical orbit with the periapsis slightly hefore the desired landing spot.

3-14 R-3208
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At the periapsis thrust 18 again applied antiparallel to velocity to
bring the tehicle to a low altirude with a small residual descent velocity.
Hovering and.translational capabilitres are provided for this mission.
The takeoff maneuver was determincd by the type of landing. Véftical
rakeoff to moon/Earth transfer trajectory was used 1n conjunction with
the vertical landing maneuver and a takecff to a 50 n mi prior to the
transfer was 20n51dered for the orb.ral landing case. ,
Midcourse corrections were provided for as 1n the Earth/moon transfer
trajectory. FEarth re-entry and landing maneuvers were assumed to be
accompl ished aerodynamically.

,
The vertical descent trajectecy is mest suited to systems having simple
guidance systems and fixed-thruet engines. The probability of safe re-
turn appears .10 be lower 'han tbat' of the orbital trajectory, and the
landing point 18 restricted. Capability of one restart will be required.
The orbital landing teirhnique assures that the vehicle will not crash if
the engines fail to i1gnite 'be manenver makes use of (assumed) previous
"lunar orbital experience and permits ‘and'ng at any point on the lunar

surface.

A
For the two mancuver combination metbeds propulsion systems were studied
to evaluate engine thrust levels scehicle staging, and relative payload
capability. These studies were based upcn a space vehicle weighing
354 000 1b initially placed 1o a 300 n mi orbit by a Nova H-6 booster
vehicle. The effects of using four different propulsion systems were
studied. These systems liqu:d oxvgen/liquid hydrogen (LOE/LHQ) and
mixed oxides of nitrogen’/moncmethvitvdrazine (MON/MMH)‘ represent a broad
range of propulsion system churactercsrics and should 1ndicate the effects
of propellant properties on the spar« vebicle.

3 10 R-3208




RNROCKETIDYNE

A DIVISION OF NORTH AMERICAN AVIATION. INC,

5

The propulsion systems were used in a variety of maneuver;vehicle combina-
tions and were evaluated in terms of performance, complexity, etc. For
examples, the Earth /moon transfer maneuver is considered using the pre-
viouslv mentioned systems plus a typical solid propellant system. A
comparison of these vehicles shown in Fig. 3-8, clearly indicates the
advantages of the LOQ/LHQ' pump-fed system.

From consideration of a large number of éomblnatxons, the vehicles rec-
ommended for use in the two lunar missions were selected. These are
de§cribed in Tables 3-2 and 3-3 . Pump-fed systems were selected

ov;r the pressure-fed systems as they provide a significant payload advan-
tage due to lighter engines and)tanks. Propellant storage studies indi-
cated that the L02/LH2 combination could be easily maintained for the lunar
missions contemplated. Thrust levels selected are near optimum for the
maneuver-stage combination selected. However, a wide variation in thrust
is possible without severe payload loss, e.g., the J-2 engine (200,000 1b
thrust) may be used as the first staée propulsion system in either vehicle

without affecting payload appreciably.

The two-stage vehicles were selected since it was felt that their simpli-
city was of more benefit than the slight payload increases achieved with
a greater number of stages. Other considerations, such as to the provision

for abort capability at all times during the mission;, could modify the stag-

ing selection

R
Staging on the lunar surface 1s preferable for the vertical descent tra-
jectory because 1t permits use of a previously fired propulsion system for
the critical landing phase. and has the added advantage of protecting the

takeoff propulsion system from impact damage upon touchdown. For the

3-00) R-3208
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°
FABLE -2
LUNAR LANDING WD BETUBN VEHICLLE USING AN
INTERMEDTATE LUNAR ORBIT
‘avioad Weight on Moon harth Yrunsfer,’lb 29,500
Stape Two
Propedlants YO LY
ropebdlat O, L,
Feed" System Pump
Throvtling G:1 Step
6 Percent Continuous
Restarts 3
Gross Weight, 1b 116,600
Thrust, 1b 91,000
Number ot bngines 7
(1 Redundant; 1 Throutleable)
Stage One e
Propellants LO - Lit,
«“ <
Féed System Pump
Restarts . 1
Gross Weight, 1b 354,000
.
fhrust, 1h 125, 000
Nuamher of Engines 1
y -
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T et

i TABLE 5 3

RECOMMENDED SYSTEM FOR DIRECT LUNAR
LANDING AND RETURN MISSION

-

Payload Available for Earth Re-entry, 1lb 26,300
Stage Two ,
Propellants L02/LH2
Feed System Pump
Restarts : None
Gross Weight, lb 37,500
Thrust b g 56,000
Stage One ’
Propellants L02/LH2
Feed System Pump
Restarts * _ 1
Gross Weight b 354,000
Thrust, lb 248,000 )
R
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-

orbital landing. 1t is desirable to stage prior to the descent from orbit
maneuver 1n order that the thrust required for that maneuver does not un-
favorably intluence the thrust level selection of previous maneuvers. Pre -
liminary review tends to indicate a redundant multiengine propulsion sys-

tem should be used for i1ncreased landing relirability.

A broadband (approximately 5 deg) three axis, attitude control, propulsion
system which functions during the entire transfer can be included at a
weieht of less than 100 1b.  The midcourse correction and orbital conver-
sion maneuvers can be performed by the main propulsion sfétem using the

attitude control engines for propellant settling

MARS ORBIT ESTABLISHMENT

The recommendations and conclusions of the Mars orbit mission studies of
Phase 2 can be divided 1nto two categories: those conclusions relative

to the propulsion/vehicle system, and those pertaining to maneuvers. The
separation does not 1mply independence of the parameters within the broad

categories.

A varlety of propulsive maneuver combinations were considered for this
mission. Ihese are 1ndicated in Fig. -9 The maneuver combinations ~
for accomplishing this mission were selected after analysis and review.
These are 1ndicated by the shaded areas in the figure. Analyses of Earth-
Mars interplanetary trajectories, based on simulated elliptical planetary
orbits, indicate a minimum energy launch period occurs about once every

two vears, and results 1n Earth-Mars transfer times of approximately 170

to 240 days dependent upon the vear of launch.

3.0y R-3208
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During a minimum cnerpy period the space vehicle departs from an earth

orbit wclined to the cquator to permit a planar propulsion phase. The
-

thrusi vector is aligned with the velocei 1y vector during the propulsion

bPhase.  The propuls=ion phase rerminates after the vehicle

\ has attained

the energy requirement= ol ithe particular Launch daic.

‘u- midcourse correciions are applied in two increments.  The first is

applied after a 20-day deday from launch and the second shortly prior

to planetary intercept.  The second #r terminal correction for establish-
tng the entry corridor {entry corridor correction) provides the d(:sirod
asvmptotic approach distance at Mars. Bolth corrections modify the tra-

jectory to maintain a constant transfer time.
J .

.
N Mars capture manceuver that cmploys the pre-established asymptotic approach

distance is recomwmended. The retrothrust propulsion maneuver begins a,t
an altitude determined by the hyperbolic approach velocity of the vehicle
with respect to the placet. .n intermediate orbit is cstablished to
ensure capture by the planetary gravitational field. The intermediate
erbit s corrected by Hobmann fype mancuvers to the final recommended

500 nomi circular orbit.

Propulsion svstem studics woro conducted o this mission using a 35%,000-

Ih =pace vehicle placed in a 00 me FVarth orhic by a \.9'\‘/‘3 -6 hooster

‘li('l" the notural veloctty ineremen! separations storave neriuvds
trvoloed adicars that oa Seprate <rare Yer gl oo the two omeqop pro-~
cutsron ohaces Clarth wond Maye ) e saploved. The spare vohiele ix desiuned

beocapabie o0 lTannceh oao ans e clurdnr g e cmondie intersai ooi barth
pobey Cofeorare aies g R A R R R AT T

e rvals., ihe
L)
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.
stages arc filled with the propellant requirements of!the launch date.
The flexibility permits the basic vehicle to be applied to the optimum
Launch periods of a number of years. The space vehicle is described in
Fig. 3-10. T

The first stage for Earth orbit departure uses LO LII2 as propellants.

;
The propulsion system operates at a constant—thruit level and is a pump-

fed system. The thrust leve% for the nominal vehicle has been selected

to’ be 150,000-1b thrust. Based on the engine grouping in Phase 1 of this
study, the propulsion system of this stage could be two 79,000-1b-thrust
engines. [However, if preferred, the currently developed 200, 000-1b-

thrust (J—2) 02/H2 engine could be used with very little performance

change. This performance change is demonstrated in Fig. 3-11, which

shows the effect of the first stage thrust magnitude upon the stage payload-
to-gross weight ratio. The figure also shows the performance change for

a selected thrust magnitude when the initial gross weight of the.space
vehicle is changed. This illustrates the application of the propulsion

system to other vehicles.

For the nominal 35%,000-1h vehicle, g second-stage thrust level of 30,000
Ib is recommended. Figure 5212 presents the pavload-to-gross welght
ratio for the second Stage as a funclion of the thrust magnitude and the
initial gross welcht, it shows the berformance change of a propulsion
system operation with a change in the iniijal gross weight, and the per-
formance change for o selected vehicle with a thrust magnitude.ﬁhaggo.

. .
Yor this stage | L, LH2 Propellants are feasible. [f the initial urosy
<
wertght of the space vehicle decreases sitgnificantiv, storable propellantis

appear more advantagceous. V= the initial Zross weioht of (he sSpace

ST H=-5208
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Gross Weight: 35,000 1bs.

. Payload: 34,480 1bs,

M W

il dennanenssty,

.:;4‘-“--0-"':.
LI rss

— ' Stage Two .

a Thrust: 30,000 lbs. .
. Propellants: LOZ/LH2
0 i Propellant Tanks: .
Design Capacity  Loading Variations
q LO2 : 13290 1lbs, 13,290 - 8,330 1lbs,
‘ IH : 66,450 1bs. 66,450 - 41,650 1bs.
2{ 7 i 7 Turbopump Fed

Stage One:
Thrust: 150,000 1bs,
‘ ' . Propellants: L0,/IH,
: Propellant Tanks:
Design Capacity Loading Variations
Loy 39,250 1bs, 35,130 - 39,250 1lbs,
IH, 196,250 1bs, 175,650 - 196,250 1bs,
Turbopump Fed

# Stage designed to establish intermediate orbit and
to restart.-to change to final orbit,

®

Figure 3-10. Recommended Two Stage Vehicle
for Mars Orbit Mission
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vehicle i1ncreases the cryogenic propellants appear definitely more
favorable. The second-stage propuision svstem is recommended as a cluster
of three 10 000-1b-thrust engines operating at a constant-thrust level.

One of the engines must be restartable to change the intermediate orbit

1into the. final orbit The propulsion systems will be pump-fed.

The midcourse corrections should be applied by an 1ndependeﬁt system with
a capability of approximately 300 {t/sec total velocity increment. This
system will be external to the scaled second-stage engine system. The
mid-course correction system may be an integral part of, or the totality
of the system required for attitude control of the vehicle during the
transfer phase. Since attitude control system analyses were beyond the
scope of this study no recomwendations can be made as to the integration
or separation of the midrourse propuls.on system with the attitude control

system.

EARTH ORBIT RENDEZVOUS

In the study effort of Phase 2 the Furth orbit rendezvous was to be con-
sidered 1n a secondary manner compared to the attention given the lunar
and Mars missions. This e¢ffort was - ondu. ted placing considerable emphasis

on the material available 10 the Yiterature -and the Phase 1 studies.

A large number of methods of accomplishing rendezvous are available. From
consideration of the various . ombinativns and the accuracy of current
booster veh.cle systems, 1he follow.ng maneuver and staging were selected.
A conventional boost maneuver 18 atcomplished by the first and second

stages of the booster vehiile. Following the coast to apogee, the final

stage fires to establish an orvi'. Upon approaching the desired orbit

7 < R-3208
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(and target) the final stage 18 reignited to accomplish the required plane
change while leaving a small residual clos%ng velocity between the target-
and vehicle. Multiple on-off operation of the final stage 1s used to
achieve rendezvous, with the attiiude control system used to perform the
actual docking maneuver. The final stage may be used in application of
‘*trothrust to initiate aerodynamic re-entry, if required. This sequence

bpears attractive on the basis of reliability, guidance requirements, and

payload considerations.

A restartable. fixed-thrust level pressure-fed, storable propellant sys-
tem having a thrust-to-weight ratio in the order of 0.1 is recommended
on the basis of reliability, with consideration also given to payload

capability and guidance requirements. The payload sensitivity to various

propulsion systems is low due to the small velocity increment involved.

Ihe selected system is shown in Table 3-4 based on an H-6 booster and
a 300 n mi orbital mission including a 5-deg pléne change.
It is suggested that strong emphasis be placed on gbe operational aspects

of the rendezvous mission since these may be a major factor in determining

the mission characteristics.

3-32 R-3208
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TABLE 3-4

RENDEZVOUS PROPULSION SYSTEM

Payload. 1b 92 200

Propulsion System
Feed System Positive Expulsion
Propellants MON /MMH
Propellant Weight 1b 28 400
Inert Weight, 1b 3200 2
Thrust, 1b 12 000
Restarts 3

e

* 33 R-3208
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PROPULSTON SYSTFM STUDIES

INTRODUCTTON AND GENFRAL DISCUSSION *

A number of factors affect the design of the space vehicle through their
effects on the vehicle propulsion systems. This section ‘considers space
propnlsion systems and the effect of some of these factors on them. The

effects can in turn be related to the space mission and vehicle design,

One of the most significant of these factors is the Space, environment.
Environmental constituents such as thermal radiation and meteoroids exert
@ strong influence on propulsion system design, particularly with respect

to propellant selection.

I't is generally desirable to select the propulsion system that provides
the highest payload capability. The propulsion system operating param-
eters such as mixture ratio, chamber pressure, etc. have a significant
effect on the payload capability of a propulsion system. Proper selec-
tion of these parameters is an important feature of the space vehicle

design,

In space missions it is important that energy 1is applied to the vehicle

in fairly precise quantities. The precision of this energy application

s determined by the manner in which the propulsion system is cut off.

Y
The precision of the engine cutoff and its relation to the trajectory are

lmportant to the space vehicle dewign.

3-34 R-3208
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Certaip propulsive maneuvers in =p+ce will require throttling. The effects
of any inefficiencies resulting from rthis throttling must be considered

in space vehicle desigp *

All of these factors are considered in detnil in this section and their

effects on the propulsion svstem noted. C(onsidering these effects a pre-
liminary description of =some propulsion system types that might be used in
space was formulated  Theze preliminarv svstems will be used in the study

of the space mizsions.

-4
In addition some factors which are secondary in their effect on the propul-

sion system are discussed, Although secondary in nature these effects

must be considered to provide - grod vehicle design,

3 35 R-3208




OPTIMUM ROCKET ENG INE PARAMETERS FOR vAcuum OPERATION

In the design of prnpulsion'systems it js Zenerally desirable to select

the engine OPerating parameters which wil} result in the highest amount,

of payload welight for g given systenm gross weight. Although secondary jp
BRDOTtance frop “l over-all vehicle Standpoint, four engine operating

Qrameters significantly affect Space vehicle performance . (l) mixture:

ratio, (2) chamber Pressure, (3) €Xpansion ratio, apng (4) thrust—to—weight

ratio. It jis the purpose of‘this study to discuss the selection of these

engine operating baramefers, The Parameter selection briefly described

in the Phase-1 analysis g expanded. JIp addition, a‘method for prelim-

Inary selection of some of thege Parameters wag established . This is

selected for these barameters, Fjipa] establishment of the engine/vehicle
System description and, in'particular, the evolution of a detailed compo-
nent weight description will allow a more definite optimization of these
engine Operating bParameters. The method descrijbed and th; review of

brevious Rocketdyne Optimization studies provides good Preliminary infop.

evident where ope Propellant has a 1oy density and, where the tank and feed

System weightsg are high. This effect for the liquid oxygen/liquid hydrogen

[N

336 R-3208
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propollnng combination 18 illustrated 10 Fig.D-10. Various specifie tank
weights are considered. For the lowest specitic weight value, the opti-
mum mixture ratlio was 5.49. tor the highest value the optimum is
approrimuLely 6.0. Values of optimin mixture ratio for the propellant

combinations considered were taken from previous Rocketdyne studies.

. (hamber pressure optunizut,iuns consider the tradeol [ betweel thrust chamber
weight, feed system weipht and specitic impulse. lor pressure—fed svstems
the optimunm chamber pressure is @ function- of propelluut bulk density.

For pump—fed sy stems the effect ol chamber pressure ou puyload capability
s siight over u fairly large range ot chamber pressures. Chamber pres-

sures values were de termined from @ review of previous Rocketdyne studies.

Qpt Luun expansion ared ratios consider the tradeof f between nozzle weight
and specific impulse. For vacuun operation the optimum expansion area
ratlios are usually high. This 15 {1lustrated 1in Fig.3;lh. Diameter limi-
tations of a purticulur vehicle may result in the expansion ratios actu-
ally used in a vehicle heing considerably smaller than optimum. Values

of expansion ratio were selected from consideration of previous studies.

Thrust—Lo—weighL rativ optimization depends upon the tradeoff between
engine welght and ideal energy rvquirements. The ideal energy require-
ments are affected by.Lhe Lhrust—to-weight through variations of the
gravity losses océurring in the propulsive phase. Al illustration of
this is shown in Fig.3-15. The engine we lght increases retative to the
remainder of the system as the irus t-to-weight is increased. Ideal
energy requirements decrease as Lhrust—to-weight increases due to the

decrease 11 burning time, and thus the gravity losses. The results of

R-5208
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these effects i< shown in Fig 5 Suvhere pavload-to-gross weight ratio is

plotted as a tunction of thrau-t-to-weight ratio. It can be seen that
although in the range of thrust-ta-weights considered the variation of
payload-to-gros= weight ratio 12 swma'l 4 fairly definite optimum occurs.
Optimum thrust-to-weight rotios for the mic~ions considered were selected

from previous Rocketdyne studies and a method described in subsequent

portions of this report

The operating porameters for four tvpe2 of propulsion systems are con-
sidered. These systems provide a large tange of propulsion system proper-
ties and serve to indicate the effects of these properties on the mission

37

and vehicles.

’

Propel lunt L, "0 L0, Ty s A MoN/ABE
Feed System Pump Pressure Pump Pressure
Chamber Pressure, psia 500 kO 500 150
Expansion Ratio 30 1t 30 25 '
Mixture Ratin %0 59 2.4 2.4

These operating parameters are hised on previous Rocketdyne studies but
should provide near optimum re<ult< for the systems considered. A better
idea of the optimum .parameter< c-r *eo b-d from a more definite descrip-
tion of the propulsive requirrme~t= snd component weights, using a

detailed svstem optimization.

A,

BN R-3208




ROCKETDYNE

A OIVISION OF NORTH AMERICAN AVIATION. INC,

I'stimition of Optimum kngine Parameters

To provide methods for quickly estimating optimum engine operating param-
etergs the following analvses were conducted. These methods allow estima-
tion of (1) optimum cxpansion-ratio, (2) thrust-to-weight ratio, and

'(3) chamber pressure for vacuum operation.

In optimizing engine operating parameters, the usual method of parameter
selection is to vary the parameter over a given range, plot the resulting
payload weight, and determine the maximum value from this plot. For
vacuum operation which is characteristic of space flight a somewhat more
explicit method can be used. Assumption of vacuum operation eliminates
the necessity of considering the effect of ambient pressure on rocket

engine performance.

For a single propulsion stage the payload-to-gross weight ratio can be
expressed in terms of energy requirements, engine performance, and vari-
ous structural factors. The latter two factors are functions of the
engine operating parameters. TIn this study three parameters were con-
gsidered: (12 expansion ratio { € ). (2) initial thrust-to-weight ratio
(N ), and (3) chamber pressure (P). The parameter values giving maximum
payload are obtained by assuming structural factor relations, setting the

payload derivative equal to zero, and solving the resulting equation.

Analysis. The mass-ratio of a single-stage vehicle can be expressed as

1
Mo+ (Bﬁl) + £

3.5 R-3208
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where

R = mass ratio

M = payload weight ‘gross weight of structure

k = specific weight of structure proportional to propellant weight ~
lb structure/lb propellant

f = =specific weight of =tructure proportional to thrust ~ 1b/
structure/lb thrust

7l = 1initial thrust-to-earth weight ratio ~ 1b thrust/1b gross

welght

Solving for the pavlosd-ta-gra.s welight ratio

/,(:Rl-k.—ﬁ—-f“/) | ' (1)

The mass-ratio can al<o be expreszed

AV/e¥r
’ F
R =ce (2)
where | .
Yoa

AV = ideal veloci*v requirement of mission ~ fps

¢ - characteristic velacr+v —~ fps

CF = thrust coefficient

T 43 R-3208
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Optimum Expansion Ratio

For the optimum expansion ratio determination the following assumptions

were made

. 1. ¢+, k, 7?7, V = constant

2, f, CF’ - functions of €

3. /1 to be maximum

4, conical nozzle
s
For the conical nozzle a relation between the engine specific weight fac-
tor (f) and expansion ratio was developed. Derivatives of this relation as
)

well as Eq. 1 and 2 were taken with respect to € . These derivative

equations were solved letting aﬁﬂ/ae: = 0 (Appendix A)

) {__AV} 1 |
X C
AV c F 1 aCF . ')7 e t
X € ' Cp 3¢ /| 1 +k/ Psina

where

-

Lot = nozzle weight factor ~ 1b/sq in,
‘ & = nozzle half-angle B

dC,

The relation of CF and

numerically. This was done for a combustion product specific heat ratio

to 7] are very involved and are best determined

of 1.23 (typical of liquid oxygen/liquid hydrogen and liquid oxygen/RP
Rropellants)_ ‘

SN R-3208
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Assuming a nozzle half angle (&) of 15 deg and the specific heat ratio

of 1.23, the optimum (€ ) was determined as a function of the mission

eneryy requirements ftactor (ZXV) and engine parameter factor 7
Hers ‘ X P(l+k) -

This is plotted in Fig.5-16,3=-17. and 5-Bfor various nozzle weight factors

(PL).

-

Initial Thrust-to-Earth Weight Ratio

Consider Eq. (1) and(2) and the following:

1. k, f, ¢, CF = constantis

2. AV = function of 7]

3. Maximize
’

S}
Take derivatives of lq. (1) and(2) with respect to 7] and let Ef%— =

N .
X
C (‘1 r -
e ) 3 lav] f ,
- " _
ch,‘ ar} 1+
F
X
let ¢ CF - gl where
1 - specific impulse ~ sec
y - 39 firisecT .

5-10 R-5208
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AV
- ’l_rI . i .
-« a[fSVJ ot
g | 37 - 1 - k

For a given propulsive maneuver, A\ and 5] LAY;<S77 can be determined as
functions of 77 . For five manuevers thut might be used in a lunar mission,

the optimum initial thrust-to-earth welght ratio was calculated as a func-

tion of the weight factor (l i k) for an I of 420 sec. This is plotted in

Fig.5-19.. The missions considered were:

2.6 day earth-moon transfer ftrom 300 n mi earth orbit

2. 50 n mi lunar orbit establishment from 2.6 day transfer

3. Direct lunar landing from 2.6 day L§ansfer; thrust-.parallel to

velocity

Lunar landing from 50 n mi lunar orbit; ICP trajectory

Ll

Direct lunar takeoff for 2.6 day moon-earth transfer

Optimum Chamber Pressure

Considering again Iq. (1) and(&), the following assumptions® were made

L. 77, AV, (ZF, constant
2. ¢, f, k = functions of P

3. /Q to be maximum

Relations were.developed for the three factors which are functions of

chamber pressure (P).

5-49 R-3208
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k = 7B PT

f':vPD+%§—+w ~
where

B, & = characteristic velocitv conetants

lb structure
ca ft propellant. - psi pressure

Y = structure constant ~

PT = tank pressure ~ psi
PD = pump discharge pressure ~ ps1i
0B © propellapt bulk der-ity ~ lh/cu ft
' . . 1b
= . at — ————
v turbopump specific weight constant Tb-psi

¢,Z,U = thrust chamber specific weight constants

Derivatives wege taken and the equ-tinans were solved to give maximum Mo

(Appendix B). The following equatiare resulted,

Pump-Fed Systems.

alﬁﬁ T g o [ éky. - Io
771/ (ap POP( e ’ g'o 20); i
’ AN ] 2 -
g A e ] 2 )
€ ’ g' ( X | k /A {F
0| 2c J
J ol |

2 % R-3208
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The thrust chamber weight constant ¢ is a factor related to the tube
bundle wet weight and does not include the effects of bands, injector,

manifolds, etc.

Pressure-Fed Systems.

r _ ~ 5
&l
tgl ’ X
| o LQCO { 77¢ 7/ aPT
- = + ——————
AV . - AV 0B QP
gIo gI0
e -1 1 - e
L J

In the derivation and subsequent plotting of the equations two simplify-
ing assumptions were made. One, the variation in c* (and thesefore I)
with chamber pressure can be neglectel in the equations for Popt' Two,
the value of Ct/cx depends upon the propellant combination being con-
sidered. To facilitate the plotting of the two equations and allow the
"fects of other parameters to be observed, a value of 0.00423 was
assumed for CI/QCX. This represents a more oOr less average value for a
number of different propellant combinations. The optimum chamber pres-
sure for pump-fed and pressure-fed systems are presented in Fig. 3-20 and

4

3-21 respectively.

352 : R-3208
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Fngine Operating Parameter Tradenff

To provide an indication of the influence of various factors on the value
of these optimum parameters a brief look was taken at the parameter trgde-
offs for a typical propuksion *vatew. The values for the nominal points

uced in the different 1rédeoffe are listed below,

Thrust-to-Weight Ratio.

1. Earth/Moon transfer
2. Specific engine weight f - 0.015 1b/1b

3. Specific tark weigh* k = 0 05 Ib/Ib

Expansion Area Ratio,

1. Nozzle specific weight ot = 0.1 1b/sq in.
2. Thrust-to-weight ratio 7 - 0.5

3. Chamber pressure P = 150 psi

4. Specific tank weight k =.ovos 1b/1b

5. ldeal velocity increment /' = 10 000 fps

6. Characteristic velocitv ¢ = 5.000 fps

355 , R-3208
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L J
Chamber Pressure.
6 pl) o PT‘ 1.5 .
l. 37 = 3P = L.

9 Thrust-to-weight ratio, 7] = 0.5

3, Pump weight factor, y = 0.00001 1b/1b-psi

4 Thrust chamber weight factor, ¢ = 1.52 lhiﬁil
5. ldeal velocity increment, AV = 10,000 fps

6. Specific impulse, 1S = 312 sec

1b
psi-ft

8. Bulk density, PR = 50 1b/cu ft

2. Tank weight factor Y = 0.015 3

Using the figures and methods developed in the previous section, the sig-
nificant factors involved in establishing the value of an engine operat-
ing parameter are varied 150 percent and the effect on the parameter is

as indicated in Fig.3-2 through 3-25.

The variation in the value of optimum thrust-to-weight ratio is shown in
Fig.3-2 for.a particular space mission, [t can be seen that the tank
specific weight (k) has negligible“effect on the optimum. The engine,
specific weight (f) has a somewhat greater effect. As expected an Yoy

hcrease in eugine specific weight would cause the optimum to occur at a
lower value of thrust-to-weight ratio. The greatest factor in causing

changes in optimum thrust-to-weight ratio is the mission for which the

parameter is being optimized.

3-56 R-3208
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The optimum expansion ratio variation is shgwn in Fig.3-23. Specific tank
weight (k) has negligible effect on the pptimum value. The other factors:
thrust-to-weight (7)), chamber pressure (), and specific nozzle weight

( Pt) affect the optimum expansion ratio through variation in thrust cham-
ber weight. = As the factor acts to increase thrust chamber weight the .

- -
optimum expansion ratio value is decreased and visa versa.

Optimum chamber pressure variation is shown in Fig.3-2 and 35 for pressure-
fed and pump-fed systems respectively. The effect of the various factors
on the optimum value is similar for the two systems with an increase in
factors increasing thrust chamber weight tending toward higher optimum
chamber pressures, and increases in factors increasing feed system yeight
tending toward lower optimum values. It is interesting to note the'effect
of thrust-to-weight ratio which acts in an opposite manner for the two
systems, In the pressure-fed system an increase in thrust-to-weight ratio
causes the chamber weight to increase relative to the feed system. The
optimum value of chamber pressure increases to compensate for this in-
creased thrust chamber weight. In the pump-fed system the thrust-to-
weight ratio affects the chamber pressure in an opposite manner. An
increase in thrust-to-weight ratio causes increases in both thrust cham-
ber and feed system weights. For this particular case the feed system
weight variation is more significantly affected by thrust-to-weight ratio
than the thrust chamber weight variation. The optimum chamber pressure

shifts to compensate for this relative weight increase.

-
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APPENDIX A

[ 4

OPTIMUM EXPANSION RATIO

For the optimum expansion ratio determination the following assumptions

‘re made

L. e*, k, 7,V = coustant

2. f, CF = functions of

ol

/u to be maximum

Substitute Eq.(1) in Eq.(2), take derivatives with respect to ¢ , and
set a/u/ae equal to zero,
AV
chF
AV

1 9% | 7 —9f (3)
CF o€ 1+ k o€ '
L

For a conical nozzle the welght factor f can be expressed as

Pt A

f = constant F sin & (e -¢ O)

+

At - nozzle weight factor, 1b/sq in,
A = throat area, sq in,

& = nozzle half-angle

3-60 R-3208
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‘e “
s

F = thrust b - P\(F

initial expansion ratio

m
I

4
wWriting A/F as 1”PCF and takivg derivatives with respect to &

3¢ 0 | 1 90
ot __ 72 M1 -te - ¢ | £
ac P(F sin (3 ; 0 CF 3 €

A

(e - € ) —

is fairly small with respect t» | =74 w12 considered negligible. Therefore

of £t
' e PCF sin @

‘-

Substituting this 1in tq.

Ay \ .
VST
(Cx ) KFLJ -
- | ~AC
o], B A IR R A/ £t
LCXJ. !;‘FF e ~ {1 +k|/ Psina
y: -

R-3208
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APPENDIX B

OPT IMUM CHAMBER PRESSURE

Considering Eq.(1) and(2) the following assumptions were made

77, AV, CF - constant

X

be ~Jc a
¢ = & (; P +,6 T = 5

) ok 1 (a PT)
k = — P.; =
pp T OF B oF

B 3f ofp &
- =V( )

D oP .a P
where
[ 4

g, & = characteristic velocity constants

Y - structure constant ~ 1b structure. .
. cu ft propellant - psi pressure

PT - tank pressure ~ psi
PD - pump discharge pressure ~ psi

P = propellant bulk density -~ 1b/cu ft

v 1b pump

s§:cific weight constant of turbopump ~~ Th propellant-psi

pressure

® ¥ = thrust chamber specific weight constants

R-3208
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Take derivatives of LEg. ' ard 2 wi'h respect to P, and set §3ﬁ5= 0.
8k . p Of 1 | [2k 1.k (dR o y
oP SR 5}’} R kaP
AV
X
o ,
oR _ _ AV o Fiac®
o} 2 | 3 P
X cy \

Since k <« 1 we can write. combining the equations

LV
X .
ap+77 -a—P—e

A= -

( ‘
|‘.
LA

3 - [

N
“a
™
[\]
(o]

Substituting the assumed relatyons

Y o Pr) GDD\\ ks
(PB) (apj T (GP,‘J- p2

opt

\Sx - ) Popt
'F

T 63 R-3208
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Assuming that variations in ¢* can be neglected in this equation and

rearranging
| AV 1
B '
c C
‘ - 1 oF aPb
) Y 0Fr I 1 - e + 7 -2 P2 -
‘ 5P ‘ oP opt
B B ]
.
( \ ’
i CXC o 1 02
1 L k 7
e ok t ANV } P _ 77¢ -0
X X opt :
¢ C., c
L oF
Equations for the pump-fed system are as follows: '
9 Pp o
P =
[ _Av
X N
c C., - / \
2 e °f AV } (_05 e L2 0
opt 9 8P 5 cl T opt v (3P 0P
3P ! Ak
AN
® . o
3 Ppy °Cr | AV & \‘.
725 Popt = © x x |7
/ _l CO(./F 2C0 /

30" R-3208
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i

Equations for the pressure-fed svstem are as follows:

aPD .
EL
L
2 ! T ox
(7) aaprr)\) t e
FB \ op |
{_ AV ] :
X . \
ey o) (1) (o o
, X _x-i ‘:/01,' afj Popt —77¢ 7 )
CO'F‘J CUJ \ 5 B
=0
oy | a }
X X
Y\ ‘(GAPT . _-Co (F. -200 .
51 e
S i
e © 7 -1
e -
Tav ] [ el !®
‘_ e 20% | i
b o F 'o_l | 77¢ 7’ GPT
il I | r B PB 3P
¢ C
e © F-—JJ J L e © F
3 053 R-3208
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SPACE ENVIRONMENT EFFECTS ON PROPULSTON SYSTEMS

Stunary
P Aty

The significant environmental problems to be encountered in space are
those of wetegroil penetration. heat exchange (thermal radiation), hard
‘cuﬁm. particulate radia tion, and zero gravi ty. In spite of the atten-
tioun these conditions have hat in the literature, most of the work is
theoretical and general. The succeeding sections review the environmental
conditions and their effects un the propulsion system. Those conditions
that are most signilicant in their ceffects on the propulsion system are
summarized along with a brief discussion of design procedures of pro-

pulsion system protectien,

Thermal radiation, meteoroids, and sero gravity are the most significant
environmental conditions as far as the propulsion system is concerned.

The remaining environmentatl conditions, radiation and hard vacuum, affect
the propulsion system largely from a materials standpoint. Through proper
material selection these problems can be eliminated. *
Studies of the thermal radiation problem indicate the significant effect

of this environment on the propulsion system particularly in the matter

of propellant selectiun . Figures 5-32 through 3-34 indicate that for long
storage times the insulation nécessary to store liquid hydrogen may make

rable propellant combinations wore attractive.

Applying the general results of these studies to the missions and vehicles
presently being considered, two important effects can be pbsqyved. One,
storage d?ration for all of the present missions is less than a year.

Two, the main propulsion system propellant weights in the present vehicles
are fairly large. Both of these effects tend to relieve the problems of

storage. Considering Fig. 3-34 it is, therefore, unlikely

3-60 R-5208
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[ 4

that propellant storage <ons-derat cos will significanfly alter the
relative performance of the —a- oge propellant combinations, and that

the high-energy propellants w:ll provide maxsmum payloads. A positive
dec1s&on on these eifp ts wouid ne @=s.tare a fairly detailed study of
the particular mission and veb¢ le. Copduction heat transfer between the
various portions of the vehicle should be considered. For vehicles
smaller than those presently under atudy the storage problem may become

signifi-ant, part. . slarly for “te second phase of the Mars mission.

For the lunar mission storage t.mes of five to eisht days may be re-
quired. Figure 334 indicates that a very slight amount of insulation

"

would be necessary for 'mo lo=s” storage. To be conservative, an in-
sulation thickness of 3’4 in. «a3 a2sumed for -ryogenic propellants.

For the Linde SI-4 th,a resvlne © a spe.afi weight of about 0.3 lb/sq ft
of surface. Insulat.cn requ -emeunt= jor "Earth" storable propellants were

assumed negligible:

Mars m1ssions (cne-way) mav requ--e sturage times on the order of 200
days. Using 3 1n. of .n3uiat co acd allow.ng an increase in tank pres-
sure, the hxﬁrogen can be maintained w.th Less than 10-percent loss for
this duration. Propér attitude c¢ntrel. and larger pressure and ullage
allowances would permit storage wath ueg;'gible or no losses. An insula-
tion thickness of 4 »n. was 40nSF(va‘,/‘;y ssgumed for hydrogen (1.50
1b/eq ft). Somewhat le¢ss .neila'.ou would be necessary for cryogenics
such as oxygen or flucrine. Trsulat.on requirements for storables were

considered negligible.
Studies of the meteoro d problém bave rnd .ated that for the smaller,

most fre_g_per}.t gize of meteorc.d tte Wripple meteor bumper is a very

promising prote. t:op system. 't+ rap -s of encountering larger

%57 R-3208
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meteorosd 31zes increase with vebioele s1ze and trip time. Therefore,

the amount of protection will probably increase also. For the very -

large meteors direct protect.on 13 1mpossible, and some evasive or pre-
P

diction svstem may be nécessary. Based upon the studies made to date,

a meteor bumper of 0.032-1n. aluminum was assumed for the vehicles con-

yidered.  Tto was felt that this stield. along with the insulation pre-

viously mentioned, would he adequare.

fhe zero gravity preblem is cowmoen to atl systems, and is primarily a-
design problem. Providing propellant for engine start in zero gravity
may be accomplished through a number of design methods that are dis-

cussed 1n the latrer portion ¢f this section.

A review of varinas aspects of these spare environment problems follows.

lThermal Radiation

Vehi1cles 'n space are undergoing a continuous heat exchange between the
propulsion system and :ts externaleenvironment, and between the various
portions of tbe propulsion svstem. Figure 3-26 indicates the heat flow
patbs of a typical propairsien sysien. lno this figure 1t can be seen that
internal heat exchange through conduction, and 1nternal radiation occurs,

‘s well as external bLeat exchange between the system and its environment. |

Conduction and Internal Radiat-so. The +ontrol of conduction and inter-
nal radration 1s farrly stvarghtfoerward. This internal heat transfer as

largelyv a function of the desrgn of &he propellant tanks and their connect-
e

1ng =tructure.  As 3llustrated by the figure, conduction will occur through

3--h8 R-5208
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the feed lines and supporting structure. The iniernal radiation occurs
between the various compoJen(s, the payload, and the propellant tanks;
1t can be controlled by the selection of surface materials with proper
emissivities and the insulation of the emitting surfaces.

.

Al though seemingly insignificant, when viewed in terms of the long storage
imes required of the propulsion system on extcnded space missions, the,
conduction heat transfer between the propellant ranks may he the critical

factor in limiting the storability of certain propellants. The inherent
temperature differences hetween certain propellants (cryogonics) and the
rest of the propulsion system call for a high degree of thermal insulation.
This requirement for good ‘insulation is the antithesis of the requirement
for good structural support. ‘The complications of designing a slrong
structural member that allows low heat conduction call for large amounts
of design ingeniuty. The effects of the conduction on the storability of

c¢ryogenics are illustrated in a later secuiion.

External Heat Exchange, ithe external hea: exchange consists of radiag-

tion input from the sun and any ncarbhy planct, and radiation output from
the propulsion sysblem itself. The thermal radiation wources in the
vicinity of g planet consist of solar radiation, planetary thermal radia-
tion, and Planetary reflectied (albedo) radiation. The control of his
external heat exchange can be affected by (1) control of thie vehicle
’itwlu wWith respect to the heat Sources, (2) Proper selection of =urp-
Tace couditiong (ahsorpt1vity, omlssitiviry), and {(3) the use of 1usula-
Pion on emit Livge and anbsorbing surfa®es. Thia control s illustrated

AN b ST S and 3-U04.
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Figure 3.27 shows <Yhe effer1s ¢t the rat > of projected (Ap) to surface

(AS) area (a function of att,.tode w th reapect to the radiation source)
and the absorpt.vity to emilssjiity ra31,~ on the equilibrium temperature
of a propellant tank in spatre. Jh's temperature corresponds to the situa-

tion where the heat leaving and entering the system are equal. The
liquidus region of various propellant combinations are superimposed on
the curves. The sbaded region +f the trgure 1ndicates the region in
which the propellénts ran be wn3 iv stcced. It cah be seen that the

hydrszine and oxygen are velay vely easy to store compared to the hydrogen.

The storage of hydrogen cannot be accomplished on an equilibrium basis,
1.e., with zero net heat flow. losocot.on must be applied to the out-
side of the tank to rw gulave *b- brs” a'iux and maintain the hydrogen
temperature w.thin the dee red 1eg -7 aver 1the time of storage.

Figure 3-28% ndi ates the :nsula' on requ rements in terms of the
number of radiation shields as a func) cn of storage time and tank
size. This figure assumes 5 per -n' ¢f vhe hydrogen is evaporated
during storage. It an he seen that tt - pumber of shields increase as
storage time 1n repses  and de -enpse a8 the s:ze of the tank (amount

of propelilant) iniresncs.

Effects on Propuls on System. Ad s uss on of the effects of heat

exchange 'n spa‘e on tte Drapsls oo cvstem 1s found 1n a Rocketdyne
study (Ref. 3 ). Suv essfn) eporur oo of typrcal liquid propellant
propulsion systems requi'res '1) that the osropellants (other than hydro-
gen which 18 always at. 8 1 t.cal 'roprrsture as it emerges from a
thrust chamber regeneva ively - col ng jacket be liquid in the combus-

tion chamber injector passages ‘2) that the propellant vapor pressures

be low enough in turbnpuomp-fed svstrms t¢ wilow provision of adequate

373 . R-3208
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\PSH without exceeding tank pressore designs  and (3) that the fuel bhe
at low enough temperatures tu adequately cool the thrust chamber. With
thi1s 1n mind. Ref. 3 assigus the following temperature limits to the

propellants n the systems thar were considered:

'. 1. "The lower temperature limit 1n all cases 1s the freezing
’
point "
2. “"Ihe upper temperatore for hvdrazine 1s 100 F to allow ade-

quate chamber cooling.”

3. "In the turbopump-fed systems the upper temperature limit
for each propellant except byvdrazine is that which corres-

ponds te a vapor pressnre 20 ps1 below tank design pressure."

4 "In the pressure-ted svstems, the upper temperature limit for
each piopellant except hvdrazine 1s that which corresponds
to a vapor pressure 5 ps, less than the chamber pressure. The
5 ps1 1s a margin ol satetv preventing vaporization 1n the

"

imnjector
.

N

SA
These tempervature limits apply 1o tvp.cal propulsion systems as described

in the referenced repert.  lo a f.nal system design. a detailed study
would be necessarv to e¢stabitsh these tempevature Yimits. If the propel-
Jant. tanks are des.gned to a s cmmedate the propellant volume increase

.am,ompanymg (.s¢s 10 tewmperature the ahove <riteria would require no
logs of propellant s:pe the vaper pressuce never reaches the tank

design pressure

37 R-3208
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Vehicle Performance Effects.  From consideration of a number of studies

of propellant storage (Ref. 1 through 6) it appears feasible to store any

of the present proﬁvllunts in any of the contemplated thermal radiation
enviromments.  This storage is accomplished through application of con-
ductive and radiative insulation. Both cryogenic (”2’ ete.) and "Earth
Storable"” (NEH.Q‘ cte.) propellants can be stored for extended periods of
time in the thermal enviromments of the Farth (Ref. 2), the moon (Ref . 4)
and Mars (Ref. 5). . The crux of the propellant storage problem is not so
much whether a propellant can he maintained, but the cost

of maintenance
in terms of irwsulation weight.

F'rom a study of liquid hydrogen storage (Ref. 6) Fig. 3-29 and 3-30 were
obtained. These figures are for a specific tank design and assume that
through proper attitude control and outer surface coatings, a mean outer
skin temperaturc‘nf 360 R can be attained. Linde SI-4 insulation is then

placed between the outer and inner skins to vary the heat input to the

propellant,

Figure 3-29.considers the evaporation rate of liquid hydrogen at its
normal beiling point as a function of tank capacity and insulation thick-
ness.  Figure 3-30 considers "zero loss” hydrogen storage where the
internal pressure is allowed (o rise as the heat flows into the liquid.
The curve on the right-hand side of the figure presents the Timiting

case of infinite insulation or ze{gvheat input from outer tank surfaces.
The heat flow intoe the propellant is entirvely from conduction through
Piping and support structure. As tank capacily 18 increased, these
Llosses hecome lesgs stenificant and the "no logs" storage times can be

increased .
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Considering the \'nrioup‘ heat tlows, both internal and-external, and Yhe
insulation necessary to control them, a Rocketdyne ~tudyv (Ref. 3 )
Investigates the effect of storage time on 1he Insulation weight and pay-
load capability of a typical propulsion syvstem bhascd on the previously
mentioned propellant temperature limit. Figure 3-31  indicates this
effeet. This figure shows that for Long storage times the insulation
‘roquired by the cryogenic (high energy) propellants tends to decrease
the payload advantage. Eventually, after a very long storage period,
barth-storable propellants provide more pavload than the c¢rvogenics.

I't should be emphasized that these results are for a particular case.
Vehicle size, incident radiation intensity, insulation design and in-

ternal conduction have a substantial effect on this payload comparison.
In a similar fashion the propellant combinations of L02/LI{2 (cryogenic,
high encrgy) and MON/MMI (storable) were studied, parametrically, to
determine the storage requirements thal are sufficiently strenuous to
re.ult in the storable propellant combination providing a greater pay-
load than the corresponding system using cryogenic propellants. This

comparison was based upon the pump-fed propulsion systems described below:

[ .
4 Propellant
Thrust to | Chamber Tank Bulk
Propellant Weight Pressure, | Area Pressure, Density, gols
Selection idatio psia Ratio psia Ih 1t | fi sec
. 1402 1‘1{2 0.5 500 30 30 20.1 13,800
MON, MMII 0.5 150 25 250 7h 10,300

¥y -
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The comparison was based on the assumprtions that (he storable system needs
no insulation (frm*zing neglected) and that ithe cryvogenics are stored with
no propellant losses., For a given velocity requirement ( AV) and propel-
lant weight, the payload-to-gross 'weight ratio of the MON/MMIl stagwe was
determined.  For the same AV and propellant weight,calculations are then
made (o determine the amount of insulation that must he added to Lhe

Q. Ll[2 stage Lo reduce its pavload-to-gross weich{ ratio to the same
value. This amount insulation is then translated into terms of storage
time. An dincrease in storawe time increases the insulation necessary for
propellant maintenance. This increase in the amount of insulation results
in the MON 'MMH system providing a larger payload-to-gross weight ratio than

the I.l)2v LH2 system.

The determination of the insulation reguirements as a funciion of storage

time are described in the following paragraphs.

The heat input to the LH, was assumed to affect the entire propellant mass.

Propellant tank designs were bhased upon insulation requiremenis for U12

which were then assumed (o hold for LO.. Ihe insulation used for the

2

cryogeuilc propellant tanks was Linde ST-4 Maving a thermal conductivity

(k) of 2 x 1077 By hr o R, and a density of 4.7 1h e

H

Initial tankage conditions for the Ll{2 were based upon an inttial tempera-

'«'. ol 30.7 K. The l,()2 'leJ Lanks were designed for an internal pressure
(R

<

esia. Thas pressure corresponds fo the maximum allowable change 1o

vapor pressure pesulting from oan influx of heai into the Pilquid hydrogren,

ihe rengo 1 il ety 2oy S . { ¢ et Jiney doecre wo v Toprs=

e rnereade on L tempeoraiice sl COoTTreEnodiny decre s P sy

due to heat intflux determined the cryogentes nllace vequircments o 12 per-
o fon . ] v - ’)’ - . Col S .

ceniool the propellant volure.  The follbwiny rable cives the dnitial and

t'inn]»l.ilg churacteristies loadine to the destaon criteria tor (he propel -

tant tanks.

So s H- o
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* i

- E inrvral tand tions Final Conditions
fank pressure psaa l th.? 30
femperature deg R i 6.7 : 41.2
Vaper pressure psia é v R 29.5
Density. 1b/cu ft | W42 .26
Enthalpy Btu.lb R | 116 ) 131

9

Ihe enthalpv <bavge vt 25 Btu b vas then equated to the heat input per

vnit ot tme enter ng the prap Liant tanks.
g

Ah W .
o - ‘ (1)
where

Q © Heat v.te Byt
Ar = Enrhalpyv rbange Heu/ib
W = Propellant weigbt b

p £

@ = BHeat transfe: tiwe bonrs

Equation 1 wh: b 18 the t.ta. heat 1utilux 'nto the propellant tank is a
result of radiation v the uuter skt sortare and beat conduction between
the LH2 and L02 propeliant tank=. Ih < - sv be expressed by; théamimpli-

fied expressiap

Ab w
) k A_A?
Q ——9“1‘ T+ Q (2)
where -
insula'vou cond v vity 2 x 1077 Buu/hr sq ft R
A w Surface arva sq f°

~ . R-3208
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fo estimate the temperaiore change (A1) between the outer skin surface
and inner tank surface a wean skin temperature 1o 300 R was assumed to be
achievable through proper atiitude controi and surface conditions. The

|4
heat conduction rates were assumed to be 0O 10, and 100 Btu 'hr.

‘om this equation the maximom allowable storage time (8) is found for

given 1nsulation th.ckness and heat conduction rate between the pro-

pellant tanks.  As described proviously the etfects of insulation thickness

on system performance  an be determined

he results of these calculations are presenfed 1n Fig. 3-32, 3-33

and  5-3% for heat conduction rates of 0, 10, and 100 Btu/hr respectively.
"hese plots represent the  cmbvnaticns of storage 1ime. propellant weight
and velocity reqguarrement | AV) tbat resolt in the MON,MMH combination pro-
viding the same paysoad-te-gross weight ratio as the 1.02/1,1{2 system. [t
18 apparent that af the propellant wosght 1s decreased or the storage time
tncreased above the values plotted the MON MM system 1s superior to the

L()e/LH2 system

The regions where each propellant combination c¢an be used to advantage

are ndicated For exampie  for w propulsion svstem with about 100,000
lb of propellant that must be siored for a vear assuming a heat conduction
vate of 100 Bru-kr the MON MMH (ombination will be most attractive., If

N
v, ,
‘x storage time 1s zomewhat less. sav one month  the LO 'LHQ system will

2

he more attractive.

the extreme significance of the assumed heat conduction rate 1n deter-

mining these regions is apparent. This conduction 1s a function of the
Al

detarled system design As such vo L« daffrrule to estimate the value

to be used 1n a general studv,

.82 R-3208
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Figure 3-32. Effect of Space Storage Time on Propellant Selection
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The regions in which the {wo propellants are desirable would also be
affected if some of the hydrogen were allowed to boil off. It 18 pos-
sible that longer storage times for the I;()Q/Ll{2 combination could be

achieved- through some combination of "no loss” and "boiloff" storage.
' ~

‘Mv teoroid Fnvironment

The effect of the meteoroid environment on the propulsion system is

essentially the same as that discussed in the payload section. Puncture
of propellant tanks, thrust chamber walls, or any of the engine system
components may render a propulsion system inoperable. Figure 3;35

from Ret. 7 indicates a distinct possibility of meteoroid penetration.
1t is therefore apparent thai some form of protective system will be

necessary.

At the present the most promising'protection system is the "Whipple meteor
bumper.” The bumper consists of a thin shield, spaced a small distance
from the object to be protected. A particle hitting this outer shield is
shattered and, although the bumper is penetrated, the penetration of the
protected wall is consideraply reduced. Reference 8 indicates that for
lcad materials,use of a 0.075-in. shield, 1/2 in. from the target, reduced

target penetration to 20 percent of the unshielded penetration.

.*‘igure 3-30 from Ref. 9 shows the ratio of wall thickness to particle
diameter as a function of the ballistic limit. The ballistic limit is
defined as the particle velocity resulting in second plate penetration
such that a one atmosphere pressure difference cannot be maintained across
the sccond plate. Using this figure (oxtrapolated) and a typical meteoroid
velocity of about 100,090 f&s, a wall thickness to particle diameter ratio

of about 3.2 is estimated. If, as in the payload design section, a meteor

R-3208
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of magnitude 6 (diameter of 0.0244 in. . 1a selected for design purposes,
the required shield thirkness 1/2) .5 0.039 1n.

’ " : i
Reference O also iodicates that tLe use of a low density filler between
sthe two walls will substantially i1ocrease the protective ability of the
outer wall. For the propulsion svstems considered in this study thé
Linde Sl-4 1nsulation menticned precvsonely was assumed to suffice as a
f1ller material . Piacing an olum.uem shield of 0.032 in. over this in-
sulation was asanmed tn provide suif —sent pretection. Thus, for pre-
liminary estimates the meteor bumper system would weilgh about 0.45
1b/sq ft of surface area. Tbe filler (\nsulation) weight is not included,

and would be determined fr>w rte (pwoiartion requirements.

Vavwum Efferts ' *

The efferts of "hard" vacuum surk as tbat encountered in space, on pro-
pulsion system operaticn are mwanv. ‘he low pressures encountered (on the
order of 10—12 in. Hyg can cause pevigoime €ffects which are not normally
encountered even 'n the labsra‘-tv. ‘re gbsence of damping of vibration,
explosive decompression vapo- za’ .o of materials and various surface
effects offer many potentisl prob.ews which must be taken into account

in propulsion system design.

Under the exposure to high va vum s~me matevials vaporize to an extent
that their usefulness .8 s.gn.f +artay atfected Some metals such as
magnesium, and var.ouvs organ « mater als su-b as neoprene, epon potting
compounds, and MIL-D-109240 gregse gavcr ze to a considerable extent
overprolongedhxghﬂva:uum sxpu#ut* parti:nlarly at high temperatures.
Information on manv of tbese .ompeunds s svailable in the literature,

and can be takep into acfcun'. ar propurs on svstem designs.

T .29 R-3208
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Table 3-5 shows an esthimated order of werit for behavior of plastics

1p a vacuom. Temperatires at whick the estimated weight loss 1s 10 per-
cent per vear are given where available. but are subject to considerable
unrertainty parti.uiarly iu the case of the rubbers. Maximum recommended
service tempervarures in ayr are also given for comparison. In most cases,
these are based on mechanical considerations. and will presumably apply in
a vacuvum. High pulymers are iost in vacuum, not be evaporation, but by
breaking down of the (hains 1nto smaller fragments. This process is often
accelerated by small amcunts ol mpurities anmd addition agents 1ncluding

polymerization catalysts.

Plasticizers and mold lubricants are also highly detrimental to stability
in vacuvm. whiot ther.fove may be strengly affected by the particular

formulation ahd (ur. ng procedure used.

Table 3-6 gives the prorable max mum temperatures at which metals and
semiconductors can be used in space vacuum environment, assuming three
limitigg evaporation rates. lhese femperatures were calculated on the

hasis of Langmuir's equac.un

P = 17.14 W /M
where
P = Vapor pressure nom hg
W = Rate of evaporation, gm/sq cm-sec
I = Temperature deg K
2 ¥ = Molecular weigh:

§.00 R-3208
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[ 4
TABLF 3 5 ’
PLASTI”S '\ SPACF ENVIRONMENT
’ :
Vacoum
Jemperature at Air
Which Loss is Reduction Recommended
L0 percent/year, Service Temperature,
deg F deg F
Polysulfide cee 250
Cellulose nitrate 140 130
Polyester cee . 250
Epoxy-polyamide . 300
Acrylate (commerc:al coating!
Cellulose acetats bu'vrarte cen 225
(plasticized)
Cellulose a~etate. pLasr . 2+d! N 300
Vinyl vtloride e 180
Polyurethane {cured at 50 to . 240
100-percent humidity)
Vinyl butyl oo 115
Sil.-ane alkvd
Linseed ¢11 falkaly refined! ;
Chloroprene {necprenc) \ . 240
Alkyd pbencl .- . - 300
Epoxy-amine i - 300
Methyl methacryirate !benz:ly E 220 165
peroxide cata :yst) |
Polyurethane (cured at 0 1 E
20-percent humid ty) ;
i
Cellulosg (with NaC1) = 270

a0 R-3208
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TABLE 3-5
Continued
P Vacuum,
lemperature at Air
Which Loss 1s Reduction Recommended
, . 10 percent/year; Service Temperature,
deg F deg F
Cellulose aretate butvrate 225
(ne pla%'ﬁf’iﬂr)
Styrene 280 160
Nylon 300 250
Phenoli¢ 400 °
Methyl methas rylate (diphenvl 320
~yanome thyl catalyst)
Polvcarbonate
Methyl acrylate {benzoyl percx 320
vde catalysh. no other additions)
Ruhber natural 360 180
[soprene 360
Cellulose (pure unoxidized. no 360 375
plasti_izer)
Methylstyrene 370
Cellulose acetate (no plasti azer: 370
Ethylene tevephihalate¢ (mylar, 390
3 darcon)
l {sobutylene 400
Butad:ene
Butadiene-styrene (GR-S = SBR) 180
Polypropylene
Methyl methacrylate fno catalyst) %10

3.92
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PAFLE 3 A

FVAPGRATION OF META: & AND sFMiO NDHCTORS (IN HIGH VACUUM

cemperature {d:g F) at

Wt it Evaporat._.on is Melting
‘ G T3 — 1 Point,
Flement 10 7 vm/ve 010 7 m/ve 110 cm/yr F
{admiwm ; 100 ? 0 250 610
Se_en . vm E 170 i =0 240 430
Zrr ‘ 160 [ 260 350 790
Tellur:um 260 ! 350 430 840
Magnes on | 260 L0 460 1200
T (300 ?‘ 0 530 370
Apt mer v % y-0 L0 70 1170
B smatt ) E 00 750 520
lead 510 ‘ 630 800 620
Ind-um ~60 Qu0 1130 310
Mangapes - R 5 l 0:.0 1200 2300
8 Teer ge i a0 1300 1760
Tn LR0 -0 1480 450
Alvmrr .m 1620 i 260 1490 1220
Bervl® na L0 {300 1540 2340
Cupper LA ! %G 1650 1980
Grood 200 Lo 750 | 1950
German @ | ope - 1750 “F¥60
Ctromiun W3R i tO0 i840 3440
{-on - |90 1920 2800
Si1: on 1,30 ; Y 1970 2580
N-oke 1420 i 20 2000 2650
Faiiad.vm 490 i £ 2020 2840
+ -

R-3208
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TABLE 3-6
’ Continoed
4
lemperature (deg F) at
. Which Fvaporation 1s Melting
. Point,
Element 1()‘5 cw/yr 1073 cm/yr 10 cn/yr F

’~Lobai{ 1500 1760 2020 2720

Ii tanium 1690 1960 2280 3140

Vanadium 1870 2150 2460 3100
Ruthentom 2080 2420 2800 3580 |
Platinum 2120 2440 2840 3240 :
Boron 2240 | 2580 2980 ‘ 3720 s
Z'r. onium 2340 2740 3150 | 3360 |
:Trdium 23%0 2110 3150 ° 450 |

Molvbdenum 2520 2960 . 3450 4700

Carbon 2780 3050 3400 6600

Tantalum 3250 3700 4200 5700

| Rbenium 3300 3700 o 4200 5700
g 'ungsten 3400 3900 N 2500 _____ Jmuﬂglgg_m_j

-
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Mechanical metion 1p a vacjum ne ¢ <s,tates the recognition of two major
effects: 1) greases and othe- . ruventional lubricants may change their
characteristics or disappear aitogetter due to volitilization, and

(2) dry sliding fr. ot on .0 < me - embinat.ons s mugh higher than in air
due to the removal of normal svrface f.im of absorbed air. The evapori-
zation-of thls,sﬁrféve laver »f a1r bas an 1nteresting effect in that the
si1tuafion arises wgere a "pert-. 1ty . lean” surface must be considered. |
Iwo such rlean surfa €3 \0 (on'a-t tove a very strong tendency to cold
weld tegetber at the very smarl arvas »+ po.nts that, actually touch

each other.

Increases in dry coefficient of fri tv.on of 300 to 500 percent in vacuum
have been exper . meotarlv demenstirs ed Lobrication 1s complicated by

the normal evaporat.un of Inbr carni~ manv of which have high vapor pres-
gures, und by tbe deépenden ¢t many surtaces upon layers of,abgorbed

gas for additional lubr. ar.ng eftr .13, Desorption of gas in a high
vacuum may cauée such surfaces 1o ae.7¢  gall and weld. Low vapor
pressure.lubrlcanhs, such as moivbdenum d,suifide, are satisfactory if
used 1n amcunts jarge encugh 1o prevent complete evaporation of the
lubricant dur ng tbe sevvice . te ot the parr. Vacuums fn the order of
]0.6 in. of mercury have been bservid 10 reduce the service life of such

lubricants by a ta. tor ot 0,

High vacuums en-ountered 1o - wter apo « ,{0—52 to IO-17 in. of mercury)
may affect rertain ele/tron. . wpiwn.-n1s whese electrical pProperties
depend upon their wsurfa ¢ .rvargi svy, tore, Mica and ashestos, for
example. depend vpon tvesety tonded wate e of hydration for their di-
electric properties. These weakly bonded surface molecules may escape
in bnéh vacuvm. Where the v vse 3 mandatory preséﬁ}j;ﬁd containers

may be required
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The fatipus L.fe and reep phenomona of metals at reduced pressure also

show interesting d:freren-es {fomethe r performance.at ordinary pres-
sures. The fatigue isfe of gsome metals secems to increase at low pres-
sures. Creep tuprured ¢vrves for low-term tests in air and vacuum fcr

nickel seem to indicave a shorter t;me to rupture for the vacuum tests.

’

3

"The spec tral emissivity of the surfa’e of the propulsion system 1s a
critr-a: fastor ir determining thermwal balance as shown i1n the previous
section. Th:s emisstvity i3 strongly dependen’. on the condition of the
surface of the wmateriax. As the L.gh vacuum of space causes the surface
to cbange due’to volitization of the surface layer of air and‘vaporiza—

t:on of materiar. the emissivity 18 lrkely to change also.

On the basis of the ,afcrmatisn avaslabie, 1t appears that problems
cansed by h.gk va.uum . an be ave ded up she svstem by careful selec-
t.on of marsrials n sr:ti-al applicat.ons. T[he uncertainty of much

of the data however, makes 1t highlv desirable that these applicatizns

.. be (onfirmed bv env-ronmental tesi-ng.
*’s“ : -

Particvlate Rad.ation Ftfe:1s

The i1nteraction of energet:. rad.at on with matter is complex. The most
serions efterty resuliing from *b.s vadiation are b.ologi-al. These
effents are d-scessed :p desta t under wee paylead design criteria con-

N ’ k SQE
siderat ons. Nevt to buman heings  semi-oonductor materials uded ¥n
trapststors are most sos.epn hie 1. damage from radiation. Specific
effeots which migh* be en vuutered .u the propuision system arve dis-

vussed belcow.
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Table 3-7 lists the relative radiation siability of various plastics.
Curves of variation in phveical properties as a function of absorbed

radiation dose are also availauble for most substances of interest.

The reaction of Teflon to nuclear radiation is well documented. It is
one of the more* sentifive plastics, tending to become brittle, to ffag-
ment or poﬁdef,-or to release fluorine gas when irradiated. It becomes
seriously degraded by relatively low radiation doses (5 x 104 rgds) and

may therefore be considered to-be marginal in suitability.

Mylar, polyethylene;terrepthalate, a polyester, begins to change its
properties at 105 to 106 rade. The addition of mineral fillers is said

to increase the radiation etavility of polyesters 100-fold. This increase
in resistance to radiatiom ry f:t:iing is generally true fpr most plastics.
Table 3~8 shows the relative stability ratings for elastomers. Butyl
rubber, has the least radiation stubility of any of the common synthetic
rubbers. Tt may be noted from Table 3-8, however, that its damage
threshold ie well above the anticipsated dose. Butyl is said to retain

fair properties even after a dose of 1 x 10" rads.

Silicones of all types are sauid tu accrue 25-percent damage at a dose of
5 x 104 rads. With such severe damage at this radiation level, some
deterioration can be expected from thie auticipated dose of 6 x 102 rads.

Thus, silicones are counsidered of marginal suitability.

Buna N, an acrylonitrille-butadiene copolymer, is stated to retain fair
properties after doses of 1 x 107 rade. The threshpld«f damage is
quoted as 2 x 10§ rade. JThe anticipated dose, 6 x 102 rads is well below

this threshold, go no problem i8 apparent.
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Class [

(lass I

Class 11

Class 1V

JABLE 3.7

RELATIVE RADIAVION STABILITY OF PLASTICS

Retain fair properties

Phenolics (filled)
Polvstyrene

Poly siers (filied)
e.g Mylar

Retawn fair properties
Pclvethyiene

Pulyvinyl hlomid-
Retain farr propert es

Polyvamides
Si1licones (untjlled)

Polyesters funfilled)

Retain fa.t propert.eas

Teftion

of doses of 108 rads

Epoxies
Silicones (filled)
e.g., DC-122

’

after doses of 109 rads

Polyesters (fibers)
Phenolics (unfilled)

after deses of 100 rads

Acrylacs
Polyformaldehyde

afrer doses of 104 rads

3.QR R-3208
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TARLE 30w

RELATVIVE RADIATION ='Ak o 17Y OF ELASTOMERS

Class [ - Retain fta.r proprrt.ed gfrer deses of 108 rads
Natural rubber Styrene butadiene
Addur 1 rubbers copolymers (Buna S)
Polyurert aneas \lizieszridine elas-

Class II - Retain fa:ir pvupertJes‘afLer doses of 107 rads
Acrylonitril« boyrad -re Silicones

copolvmers ‘Rons N\

Flauc-ocrarbon elastomers
Polyvbutad ene .

. : Polypropylene poly-

Ne . prenc ethylene elastomers

Hypalou

Polyacrylates

-

Class III - Reta:n fa - r?opevt s after deses of 106 rads
1h "Jk ‘>L
* Butvl
R R-3208
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Many c¢f the etfects resulting trom particulate radiation concern, insula-

tion and thermal balan-e of ~be propulsion system. Exposure to this

radiation for long periods way inflvence the behavior of the outer most

layer of external surface of ihe vehicle. . This roughening on a micro-

scopi1: scale may affect the emissivity of a.metallie surface and thus the

thermal balance of a propulsicn systen. lhe thermal insulation of the

propulsion system may be affected through out-gassing of the surfaces,

thhis carsing the gas pressure n the insulation and causing 1ts effective-

ness to deter rrate.

I'he abscrpricn of radiant energv by the propellants 1n a chemical pro-

puls:on system may lead o a variety of chemical changes. These changes

vary from svstex T gv-tem, and depend vpon the total dose radiation.

Estimate= of these offects n Syqu:d cxygen and l1quid bydrogen indicate

that ttev are negergirbile

Zere Gravity Effeczs

~

In the unpowered porticns ot space t1ight when the vehicle is moving
-

solely under the action ot gravity. the propualsicn systems will be
T

X . :
exposed to the cffects of we:ghtlessress or Zero gravity. The term

¢cero gravity 1s uscd sipce the space vehicle and its contents are both

experzencing thke same gravutai;cnal ac.clevatzon, and therefore the

arcelerar:on of tte ~ontained matier relative to the vehicle 1s zero.

the primary effcats of zere gravity are due to the ahsence of any body

forces Each body retains its own mass, but does not exert any weight

force on its environwent o r example in a liquid with a free surface

such as found :n the propellant tanks

sf a space vehicle, there would

be no hydrostat:e force. Therefore  buoyancy and natural convection

would not exist.

3-
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Processes which are sensi.ive 10 a grav.ty gradient are outlined below:
~

}. Hydrdmechant:s .
a. Hydzostatlcs‘.EZf;:;%?‘ = j ;}gieg}qﬂcontaineis with
ullage T
b. . Hvdrcdvnamics -f'~v f : qu:ds and liquid-gas mixtures
tbecugt popes wizz e pumps tuvbines  and separators

Looro 5 o opvva 0 wnd & d ng bearings with fluid
. 2
1ubricant

2 Filuid Heat iransfer
a. Srat.erary sviatope o~ o ¢ phase ! free <onvect10n); two-
Prase pi . . L.Lg an0 . ndens ng
.
b Fiow svsr-ws + p - 1ase f 1 «d convection in heat
exihanger: "v. j1.:- f. . €d .riulation evaporation in

hbci1lers and (cnairtat . «n .u condensers

Ite studies dire red ~~vard - = viryg 'tes. «ffects are discussed at
Yengtk in Ref 10 through .2 "t + = & vs<s >n will be briefly summarized
aling with sime desigr mevtecs ‘- . ainei'ng the problems arising from

these effects

Hydrostatics. Tbe bvdrcsvs* ., ¢stha or of l.,quids at or near zero

gravity bas been subje ted *. r.me- _s analyses which take into account
deformations due to adred,ve and ‘hes.ve forces. Many analyses have
been con-erned with determin ng ‘t< stapes that fluids assume if left
to themselves; for example, *be *': ds 1p a propellant tank which are

subjected to zero gravity.

3.°01 R-3208
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A theorée. ay analvsis {Rel. 11) bas skown, nsing ﬁhe principle of
minimum surfa:e energy. that "be stable configurations of a bubble will
be a svrface cof revolution ~f allcwed by the container walle. Vapor
buhble s vlll‘fﬂa]HS(e to form a larger hubble, which will'eventually

join the cer:tral bubble by coutawr. 1t concludes that zero gravity
hkydreststics are dominated by suvrface tension, and the stabilizing effect
¢f smail retational desturban s w11 .avse bubbles to coalesce along

the rentey of yatat,.on.

the aralyses have in generai been verified by experiment. These experi-
ments have shewn that ip a propeilavt tank with ullage the wetting liquids
{water O.1. etr.l wiil crawl arcund the tank walls, leaving a gas pocket
in ke -entess Ninmwersing fludde w it "nalcsce 1n the center of the tank

lea . g o comp.€re gas bianket b-vweep rce propeilant and the walls.
g g

Sinee crvegernic liquids are more weirt.ng than water, the effects described
above w 11 be seen ne a greater degree.  The behavior of a cryogenic liquid
%oa 3tee! cang v 1) be domirat-d Yv surface tension when expused to zero
-
grav-ov.,  1t8 egui i Yroum oonfguvet er w il be a surface of minimum area
‘..,

thar, s wroqascy dencrmineti- by the shase ¢f the container, the .ontact
argle  f sbhe ftlosd artets 0w 'h 'be ontainer walls  and the ratin of

the veivmes of be fluds sn rr- tack. Skewtbtes of some onfrgurations

are stown n Fog  3.37.
Amzjer pron cm reated by foese ¢ffe 2 xe rhar of separating the gases

otid 1:quids .o tbe “anks dor.ong verpuisaoap System starvt A number of

me thods of ac ecmplist ng * <2 a'¢ a.a iable. Two sura,ghtforward me thods

are :

1 A velevaring tte rtank w.ub an aux liarv rocket; the Liquid

) 3. 102 R-3208
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Figure 3-37. Hydrostatic Behavior of a Contained Liquid
Under Zero Gravity Conditions (Ref. 11 and 12)
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gas interface will be Perpendicular to the accelerafion

2. Permanent separation of the liquids and gas as with a diaphgram

A somewhat subtler method is suggested in Ref. 12 and uses the wetting
Properties of the cryogenics. Poles are planted on the floor of the tank
(Fig.3—37‘c). Because of the wetting propertics of the c¢ryogenic liquid -
Ehese poles will not readily penetrate the liquid-gas interface. The gas
bubble will be kept in the upper part of the tank and the liquid in the
bottom. These wetting properties é;n also be used in designing an entrance

to the propellant feed Line that will tend to admit only liquids.

Hydrodynamics

An obvious hydrodynamics problem under zero gravity is the separation of
liquid and gas phases in two-phase flow. This problem would occur in the
venting of cryogenic tanks. Anp interesting device is described in

Ref. 12 which states:

"Venting devices, utilizing pressure difference, may be used

to solve the venting problem. A pipe leading from the in-

side of tH; tank to the outside may be equipped with a mov-
able lip, which has the shape of a truncated coneg(Fig. 3-37(c))
80 that the surface of the minimum arca cannot be tangent

to the lip. The Lip rotates because of the pressure diffep-
ence.  When it rotates a centrifugal force is created which
produces a small gravitaiional field to throw the liquid
Arainse the tank wall and to draw the vapor hubble towards

the axis. This deviece will eliminate at least partly the .
escape of the liquid. 1t may adequately solve the venting

broblenm. "
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Lubrication

-

The effect of zere grav. 'y on line€at motion bearings and thrust bearings

seems to present no addit.onal cpera ng problems. On the other hand,

the effect of zere graviiv on }ad';i-hvdrodvnamically operated bearings

18 very def:n.7e and results ‘n the 1nsiability associated with unloaded
bear.ngs. ‘

Th,s phenomenen ap be ave.ded ©F .n-to'led by (1) adding external or
artificaial lvad.ng 1o ser 1L spo-d ar wl..-t wh.rl commences sufficiently
bigher that the operating speed ‘2) 1ncreasing the bearing operating
clearanré 16 in rease le journal e épnte 1TV, and hence the speed at
whi boa signif a0 wee Al 2 oag foe = Hat?d and ‘3) designing a

stable germerry mE ongogv LUE S and« v mu':tlpl',e pads.

Heat Transfer

During periads of 2+ © grav v beas - . ar.sfer w211 be orcurring between

the prope..ant< ard 'he 0 pe _arc cank walts The tvpe of heat transfer

and the heatr tear =ter cedl vt v1'' he mportant in the determination
of prupellant heating Exp-« n-tv - tate Jemonstrated that free convection
18 absent dvring zero grav v o-o(CQ 7 nne F lm boiling experiments under

zero grEVny condit: ns ha.e nd o -d 1ba’ o on.e the transient gravita-
tional efferts have e€nsed the Zze -y grav 'V and ypit gravity heat fluxes
it W8

are very similar
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FSTIMATES ()l’y(fl," [-OFF iMPLLSE DEVIATION
FOR FUTURE SPACE ENGINES

In the course of rocket engine operation, transient thrust conditions
occur at engine start and cut-off. A typical thrust history illustrat-
ing thie 1s shown in Fig. 3 .38. These transient conditions can lead
to inaccuracies in position and velocity at the end of the powered

flight phase, resulting in deviations from the desired mission profile.

In general, the effects of the startup transient can be modified during
the steady-state engine operation. The guidance system will be aware
of the impuise contribution of the start transient and will regulate
the cat-off time accordimgly. Au allowance can also be made for a pre-
di¢ted nominal impulse contriout.on during the cut-off transient (cut-
of{ 1mpulse). flowe ver. variai.ons iu engine parameters during cut-off
cause deviations in cut-off impulse from this nominal value. It is

the purpose of this study to estimate the variations in cut-off impulse
which can bhe expecteg in future enginee. Inese estimates can then be
used in studics to determine wrerr effect on the flight path of future
space missions. The propeliant combinations of liquid oxygen/liquid -
hydrogen and mixed oxides of nitrogen/monomethyl hydrazine (MON/MMH)

are considered.

Analvsis

Cut-0ff Impulse. ¥he™brust termination transient and resulting cutoff
impulse which occur at engine cutoff can be attributed to several
factors. First, valve closure 1s not instantaneous. Therefore, propel-

lant cont.inucs to flow and burun at a decreasing raté during the valve

R-3208
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Figure 3-38.
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closing. Second, after valve closure, a quantity of propellant remains
in the cooling jacket, manifolds, etc. This continues to burn, provid-
ing additional impulse. Third,!upon completion of this burning, the
gases remaining in the combustion chamber are exhausted until the chamber
pressure is equal to ambient. The contributions of these factors to the
Qotal cutoff impulse depends upon the propulsion sysfem design.

|

If the cutoff impulse could be duplicated on a run-to-run basis, the
space vehicle and its guidance could simply be designed to consider this
contribution in any given mission. However, variation in engine param-
eters cause the cutoff impulse to deviate from the nominal value. If
the effects of this deviation on the mission are significant, they may
be eliminated by either reducing the variation to an-acceptable level
through a more extensive design and test gff?rt or by providing a com-

pensating effect in a later propulsion phase.

Deviations in cutoff impulse considered in this study can be attributed
to variations in three engine paramete}s; (1) thrust, (2) actuator time,
and (3) main propellant valve closingetime. The manner in which these
factors individually affect the thrust termination transient and, there-
fore. cutoff impulse is illustrated in Fig.3-39(a). In practice, these

effects would be summed, resulting in the total cutoff impulse deviation.

In acceptance testing of a rocket engine, the calibrated thrust is
gonoruily required to be within = 3 percent of some nominal value. In
ordinary ‘test procedure, the thrust of a single specific engine, con-
sidering run-to-run variations, will be within * 1 percent. This is

illustrated on the following page?’

R-3208
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Thrust Calibration
Nominal
: \ Thrust
» Engine A
. Engine B s 1 1%

1%

L Acceptance Range \J

-3% . +3%

This 1 percent run-to-run variation could be reduced through an extensive
test and calibration procedure for ecach engine. Factors other than cali-
bration accuracy contribute to variation in thrust level. Change in pro-
pellant density, feed system inlet pressure, mixture ratio, etc., lead to
the deviation of thrust level from the nominal value. .
o

The contribution of thrust level variation to cutoff impulse deviation
is shown in Fig. 3-39 . 4 variation in thrust (a F) just prior to

cutoff is assumed to continue on a percentage basis through the entire

termination transient, or

_- AF '
AT, ="+ I, P (1)
5-110 R-3208
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.The time required for the actuators to 1nitiate propellant valve closure
is subject to variation {A 7). Ite effect of this variation on the
" thrust termination transient i1s itlustrated i1n Fig.3-39(b). This effect

is essentially a delay in tre beginning of thrust decay.
AI, =+ A7, F (2)

Main propellant valve closure 1s also stbject to variation. This effect
18 1llustrated by Fig.3-39!c’ The relationship between this variation

and cutoff impulse will be determined in a léter section.

Estimation of Cutoff Impulse Deviation To provide information concern-

ing the cutoff impulse devia 1o:. estimates were made of cutoff impulse
as a function of thrust level anj mair: prope!lant valve closing time.

The prediction of the cutoff impuise of an engine with any accuracy
requires a fairly detailed description of the propulsion system. Results

of a semiparametric study, sucto a8 1ui8, are estimates.

The cutoff impulse was est.mated us.og o transient thrust IBM program
developed by Rocketdyne. ltis prugram coneiders the thrust buildup

and decay of a propulsion svetem whose propellant valves are located in
the injector. Thus,.Lhé-effecna of cumbustion during valvg closure,

and residual gases in the combust.on cnamber after closure are Fonsidered.
The effect of residual propellants downstream of the valves (c;;iing
jacket, manifold, eic.) ex18ting in many engines is not considered.

This program would approximate an engine with an uncooled thrust chamber
or where the main propellant valves are downstream of the cooling jacket.
An estimate of the cutoff impulse ccatr:oution of the hydrogen in the

cooling jackeg was made for the !-2. (onsidering the thermal expansion

3.0 R-3208
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of the hydrogen which has been heated in the process of cooling the
thEPSL chamber . the estimate i1ndicated ,that the contribution to the
total cutoff impulse was on the order of 8 percent. 1t should be noted
that some of this hvdrogen would be burned with residual oxygen left in
the manifold, etc at valve closure and the contribution to the cut-off
impulse could be somewhat higher. For the storable propellant system

)
this contribution should be mnegligible.

Using this program, cutoff impulses were determined for thrust levels
from 5000 to 100,000 pounds and méin valve closing times from 1 to

100 msec. The following assumptions were made:

rd

1. Propellart combination ' LOB/LH2 MON /MMH
2. C(hamber pressure : 500 psia 200 psia
3. Mixture ratio 5.0 2.4

h. L7 30 in. 40 ini

5. Both propellant valves close at the

same rate

Results are presented in Fig.3-40 and 34l .

Reference 13 presents the following equation for cutoff impulse, assum-.

i B,
ing 1nstantaneous valve closure.

2FL - 'k é 1) (3)
gk RT (h = 1) '

5-112 R-3208
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This represents the minimum cut-off impulse and is presented as such in
Fig. 3-40. The curves determined for finite valve closure are extra-

polated to become asymptotic to these values.

For the straight portion of the curves in Fig. 3-40 and 5-41, the
deviation in cutoff impulse due to variation in valve closing time was
determined. 1In the range of thrust and closing time considered, the

following relation was found to apply:

AT

AL _ v / :

L, " 0.90 — L0, /1, (%)

A% »

AT

Al _ g7 =¥ MON /MMI1

I T

N v

This is plotted in Fig. 3-42 . .

The cutoff impulse deviation due to thrust variation, Eq. 1, is pre-
sented in Fig. 5-43. Cutoff impulse variation due to actuator time

variation, Eq. 2, is shown in Fig. 3-44 .

In the figures above the cutoff impulse deviation is presented in a
parametric form. To provide information for the mission _studies,

~ assumptions were médde as to the variation in the influencing .pgrameters.
These assumptions are shown in Table 5-10. The effects of thrust
calibration, valve closing time, and actuator time were discussed pre-
viously. The variation in propellant density may occur during coasting
in spaée where the propellantis are subjected to solar heating, etc. for
extended periods of time. This density variation, in turn, affects the

engine thrust. A variation in propellant temperature of * 3 R was assumed

-
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TABLE 3-10

[ J
. ASSUMED VARIATIONS
Variation in Valve Closing Time, percent . + 15
Thrust Calibratioﬂ‘(Specific Engine), percent R |
Variation in Actuator Time, msec 2
Variation in Propellant Density, percent 2 (L02/LH2)

for LOQ/LHQ. This effect can be neglected for the storable combinafion.
This results in approximately * 2 percent variation in propellant den-
sity. Through the influence coefficient for an analogous engine, this
was related to thrust variation. Using the tolerances assumed, cut-off
impulse deviations were determined for a variety of thrust levels and

main valve closing times.

Results

For the assumed variations in propulsion system parameters (Table 3-10 ),
the deviations in cutoff impulse are presented in Fig. '3$h5 and 3-46 as
a function of nominal thrust level and propellant valve closing time.

The shaded region represents the valve closing times likely to be

encountered.

- 3-119 R-35208
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These estimates (L02/1H2) scem reasonable when compared to the cutoff
impulse deviations predicted for the J-2 if the assumption for variations
in main propellant valve closing time are kept in mind. ~ The assumption
of this study represents a somewhat more optimistic value than that of
the J-2 . It is felt, however, that the assumed value is in line with
yalve performance previously experienced. It should also be noted that
ase of a propellant utilization system and the resulting mixture ratio
variation may cause a considerable deviation in cutoff impulse. Where
such a system is used, the propellant utilization valve should be reset

to its nominal design position just prior to cutoff.

From the results of this study, the following deviations in cutoff im-

pulse were estimated:

Cutoff Impulse Deviation,

Thrust, . 1b
1000 1b L02/LH2 MON /MMH
5 47 t 35
10 £ 110 . + 80
20 .+ 270 + 210
*50 700 £ 570
100 + 1500 + 1110

¥ -
3109 R-3208
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NOMENCLATURE

" I = Cutoff impulse, lb-sec
Al

Deviatioﬁ of cutoff impulse from nominal, : lb-sec
T F= Thrﬂst; 1b
7 = Time, msec
A7 = Variation in time from nominal value, 1 msec
L = Characteristic length, in. ‘
g=32.2 ft/ae02 ‘ -

R = Gas constant of combustion gases

c::>n T . = Combustion gas temperature at cutoff initiatiom, R

k = Specific heat ratio

Subscripts

F = Variation due to thrust
N = Nominal value
A = Variation due to actuator

V = Variation due to main propellant valves

el

R-3208
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EFFECTS OF THROTILING ON PROPULSTION SYSTIM
PERFORMANCE

In certain space maneuvers it may be desirable to use variable thrust
(throttled) rocket engines, Missions redquiring hovering or rendezvous
exhibit this characteristic. Two types of thrust variation may be use-

\ . . AY . - -

11: (1) step thrust variation. and (2) continuous thrust variation.
Step throttling can be achieved through use of single or multiple cham-
bers. 1In the multiple chamher case. several thrust chambers are used to
provide nominal thrust. By cutting the thrust chambers off and on, throt-
tling can he accomplished.

4
The single chamber step throitiing and the continuous throttling are

obtained in several wavs:

1. Varying the area of the injector orifices S

o

Varying throat area

3. Modulating propeliant flowrate to result in a lower chamber
pressure
| 4
The throttling wethod selected depends upon the purpose and size of the

engine system.

This study was conducted to investigate two effects resulting during
throttling which may affect the desired mission: (1) degradation of
engine performance during throttling and (2) variation of cutoff impulse

deviation.

3-124 R-3208
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Performance Effects

In general throttling is accomplished by some process which effects a *
change in ohamber pressure (i.e. methods 1 and 3). The vacuum specific
impulse obtained during engine operation at a throttled conditijon may
vary from the Aominal value in two ways. First the characteristic-veloc-
ity (c¥) 1y a function of chamber pressure. Operation at a chamber pres-
sure lower than nominal will result in a decrease in c¢* and thus in
specific impulse. The second effect would be in the c* efficiency.
Operating a thrust chamber at chamber pressures lower than the design
value may cause inefficiencies in 6peration and thus degradation of

performance.

Numerous tests have been made with throttleable engines. Some results
frpm tests on a 150,000-1b, LOz/RP engine are presented in Fig. 3-47.°
The change in vacuum specific impulse with throttling is shown in terms
of percent of the nominal values. Since the actual tests were made at
approximately sea-level conditions, the chamber pressure and characteris-
tic velocity (c*) were used in transforming this to vacuum conditions.
The relation between ¢* and chamber pressure based on theoretical combus-

tion performance calculations are also shown.

The data presented in Fig. 3-47 does not reveal gny.particular relation
between throttling and specific impulse. It appears, however, that the
c* efficiency is unaffected by throttling. On this basis it was assumed
that the only effect exerted on performance by throttling was the chamber
pressure effect on characteristic velocity. This is shown in Fig. 3-48
for the propellant combinations of LOQ/LHQ and MON/MMH based on an origi-

nal chamber pressure of 500 psia. It can be seen that the engine can be

3-125 R-3208
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~

throttled to some 20 percent of the nominal thrust with only a 2 percent

decrease in specific impulse.

Cutoff Impulse Deviation

Previous studies have showw that cutoff impulse deviation .is proportional
to the thrust of the engine at cutoff. Engines operating at throttled
conditions would, therefore, have a cutoff impulse deviation proportional

to the thrust level at termination.

During throttling, however, it is anticipated that the mixture ratio can-
not be controlled as closely as in the constant thrust engines. A mix-

ture ratio variation of *3 percent was assumed, Tﬁis was assumed to have
a proportionate effect on thrust. Other tolerances were the same as those

in the cutoff impulse deviation study.

The cutoff impulse deviation for throttled engines is presented in
Fig. 3-49 and 3-50 as a function of valve closing time and thrust at
engine cutoff. Shaded areas on the figures represent propellant valve

closing times that are most likely to be encountered.

RESULTS ¢

From a consideration of the effects of throttling an engine system per-
formance it was found that these effects are slight for engines operating
in a vacuum. Specific impulse (thrust chamber) is decreased some 2 per-

cent during 5 to 1 throttling.

3-128 . R-3208.
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Since cutoff impulse is proportional to thrust, an engine operating at a

throttled condition will have a correspondingly lower cutoff impulse

deviation.

A,

3131 . B R-3208
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PROPULSTON SYSTEM DESCRIPTLON

For the space-vehicles four basic propulsion system configurations were
considered. These are prJ?euted along with their engine'operating parag—
eters in Table 3-11. The pump fed engiue specific impulses have been
,{educed to account ftor gas generator flowrate. These propulsion systems

were used 1n the various mission studies that were conducted.

TABLE 3-11

PROPULSTON SYSTEM PARAMETERS

Propellant Feed Syéfem Pe € o/f I
L SR 1 N S
LOQ/LH2 Puap 590 psia 30 5:1 428.8
L02/1H2 Pressure 60 psia 16 5.5:1 401
MON /MMH Pump . 500 psia 30 2.4:1 323.4
MON ,'MMH Pressure 150 psia 25 2.4 1 320

®
These paramters were determined from considerations discussed in sec-

tion 5 . The weights for these systems have been identified in two
categories:. those which are propellant dependent and those which are

thrust dependent. Table 3-12 shows the weight breakdown.

{
u,

Some of the propellant dependent weights are the same for all four sys-
tems. Propellant and gas lines ducts and valves {not a part of the
engine system) interstage structure boattail, attach members, etc, have
been lumped into a miscellanqus propellant dependent term which is 1.5

v -
percent of the usable propellant weight. Unusable residual propellants

3-132 R-3208
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are assumed to be 1 perce;t of the usabt.e propellant. An additional 1
percent of the usable propel’ant is !caded as flight performance reserve,
to allow for variations in thrus' and specific impulse. As described in
the environmental study,K weteoroid shielding can be provided by a 0.032-
in. aluminum sheet surrounding the entire stage. The weight of this
shield is proportional to the surface drea and is therefore proportional
to the propellant weight to the 2/3 powver. The environmental studies
indicate that the 10 /LA stages W1" require insulation to eliminate
propellant loss due to box!o“f, "he ‘nsula'ion selected is "Linde SI-4."
This insulation thickness was 3,4 1u. for all LOQ/LH2 stages for the

lunar mission and for the first stage of the Mars mission., For subsequent
stages of the Mars vehicle, where-long storage timeg were required, the
insulation thickness wa< 'r-rea:-d /5 3 in, The insulation weight is pro-
portional to the prope! an* weight ts "% 2/3 power since it is wrapped

around the entire tank.

The weight of the tanks, pressurizing subsystem, and engine subsystem are
dependent on individual syst<m design, The propellant tank weight
includes the tank skin plus an 1n-rrase of 20 percent for the pump-fed
system and 190 Rercént for the pressurs .fed systems to allow for skin
thickness variétions and welds. 'he thrust depen&ent weights are divided

into three parts: thrust chsmber ‘arhopuwp. and miscellaneous weights.

LOQ/LHQ: Pump Fed

The tank configuration for th's sys-»r consists of a spherical LO, tank '

2 .
topped by a cylindrical hydrog=n ‘ank with hemispherical ends. A common
bulkhead was not used between tanks since this would increase the heat

transfer between propellants. “te rank design pressure for this system

T 3-135 R-3208
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was 25 psia and a 5 percent ullage was allowed in determining the tank
volume to propellant weight rela';on%hip. Wiyh this low tank pressure

the tauk will reach the minimum *hickness of 0.032 in. when the propel -.
lant weight is below approximately 25 000 1b. The pressurizing subsystem
consists of a Aual heat exchanger, with each propellant vaporized to
pressurize its own tank. The engine weights for this system are in agree-

ment with an extrapolation of the J-2 weights.

Loq/lﬂo: Pressure Ted

The propellant tanks for this system are similar to those for the LOQ/LH2
pump-fed system. except that 'he tank design pressure is 150 psia. A 5~
percent ullage space 1is allowed 'n each tank. The pressuriZing subsystem
consists of helium gas stored at 4500 psia in fiberglass spheres. To
reduce the weight of rhe propellant tanks and the.pressurization system a
mixture ratio of 5.5 to 1 was selected.

*
The low chamber pressure of this system results in a heavy thrust cham-

ber. hut lighter prope!iant tanks and pressurization subsystems.

MON/MMH:  Pump Fed

The propellant tanks for this system have a common bulkhead since there
is no heat transfer problem. The fuel tank is cylindrical with a conical
bottom and an inverted hemispherical top which is also the bottom of the
ékiﬂizer tank. The cylindrical oxidizer tank haé’é“ﬂ%mispherical top.
The tank desigﬁ pressuré is 25 psia. and 3 percent ullage spaée was pro-

vided. The tanks are winimum thickness (0.032 in.) for most propellant

3-136 R-3208
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weights considered so the tank weight is proportional to the’proPellant
weight to the é/3 power, Thé‘pressurizatlon subsystem considered is a
dual gas'generator systew., 'he gas generator to pressurize the fuel tank
operates fuel rich. while the gas generator to pressurize the oxidizer
tank operates oxidizer rich., This thrust chamber weighs slightly more
than the LOQ/LH2 chamber hecause of the more dense propellants which are
~ trapped in the chamber. but the turbopump is lighter because of the

reduced pumping head required.

MON/MMH: Pressure Fed

The tank and pressuriz:'ng subsvsem: for this storable pressure-fed sys-
tem are the sawe as the s arab < puwp f<d system except that the tank
pressure is 225 psia. S:n< 'be prove an' density for this engine is
higher than for L02/L92. the tank weight will be lower, even though a
higher tank pressure and chawber pressure are used. This higher chamber
pressure results in this engine “eing considerably lighter than the
L02/LH2 pressure fed eng:noe,

3.137 R-3208
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SECONDARY PROPIISTOV S*STEM [ONSIDERATTONS

It addition tu the topres disc.ssed which siznificantly affect the pro-
pulsivn system fhere are some s€cuvndary aspects which should be con-
gidered Trapped propellant, use of a propellant utilization system,
Rnhrhst vectur control requirements, and acceleration loads all affect the
propiuls.on svsiem design These featires are discussed in the follow-

10g sSect.lon.

Trapped Propellant and Propellant

Tiilization Systems

The purpose of e gt.dy was .to irvestigate *he amount of propellant
that' May e “rapped sw @ Sprie Seri: e propuision system and indicate the
advisabiiity of vsing a propeilart util. zation system. Trapped propel-
lant as 1t is wsed in this study means that propellant which is left un-
b.rned due to premature exhaustion of the cther propellant. As such,
tte defip.tion exciudes res’dual propellants which are trapped in lines
and eagite used In erairc efzrt sand flight performance reserves in
which the system is deiiofcaie.y uviertanked 1o-provide a propellant
allowance for poseibl: spec fic ‘mpolee vaciatiorn. The trapped propel-
lant wae evaluated using a staié§tiCd} analyvtical technique whereby an
“Joptimum fiel D.as vas seiected y:ﬁ?t matim:zed the probability that the
trapped propeiiant dive fn? €x:¢ed &« specified acceptable value. The
effect of tuis “rappeda yrupetiact on the performance of a propulsion
system was evaiuated, and toe desicabiii‘y of usiug a propellant utiliza-
tion svstem discussed. lhe system considered uses liquid oxygen/liquid

bydrogen and is pump-fed.
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Analysie  Tragped propefle .t a1 “cv end of a missile flight is a result
of {1) off minvure r=t.n vans g =oud Z2) deviation from the expected
time-average MIXTGIE Tafi) o #3150 Tqe off mixture ratio tanking is
due to inacc.r4.’e€s .n deter®m o_cg 'te ot got of propellant that has
been tanked. Dev.atl n 1¢m e¢spes =g .ime-average mixture ratio opera-
tion caa be atrr.outed Te filuitiat. vnLs 1o {L) propellant density, (2) pres-
sure regulator repeatar’l’re ) ‘nery mertation and data reduction

accarac.es, and '4) moSE_ 15 ni s ~ToTinf LISLOTY. f

Propellant Weight Variation . lhe 1.aded propellant weight variation could
be sabstantial coneidering 5v_ pr.pestonte are loaded at the launch site,
f&) bott propellante ere (r -yt -od 3) propellants must be main-
tained in toe imoke d.r..g wia fay L- «mtgthty countdowns. Space missions,
however, will te .* e indiv'J... iat.re and considerably more care could
be exercised in l.-d1ng the progelirct.  From these considerations, and
information accumilatea from *re tariing accuracy of various missiles,

it was assumed Liat propellatt € 977 €t mM-T€8 would be accurate to

1 percent. T:ie was crng’devsd o be 6 29 VA € .

Miztuire Ratio Veriat.os. Aes.ming ‘tat tF fluctuations leading to mix-

tare ratio variation sre  ideDeauer © v rorwarly distributed, it is pos-

gible to arrive at soms d.@hc o - nr..nd the expected time average
*
mixture ratie. Tb- tiaoi.e’l ¢ of tiee tactors is discussed and the
standard deviativa €9 1} «w . ned,
YA
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Propellort Ders’ty. it .e assumed that in spite of the effects of

ervirvtmen: and eforage time on 'rese crycgenic propellants, density
car. be predicted 13 ZZ peveernt ‘ireugn the ase of influence coef-
ficier s the ~ftect ¢t rkie varfatice (r. mixtuuwe ratio was found to be

2.6 percent . ’

-

Press .re Regalator " lezcrce Ih¢ pressure regulator tolerance was

R ’ N . . . s

asewmeo "> be *H percent ef tre tank operat ng pressure. This results
1 absat .9 pei Variation 16 buth tbe oxidizer and fuel tanks. Using
the influence coefficients the mixture ratio variation was found to be

t0.2 pervent.

Instromentation and Data Redo: zaccuracies. During the acceptance

teeting of s propilecos system, date reg&rdlng performance are recorded,
reduced toc sTandard éunditions_and tte engine accepted or rejected on
the basis of ttese statin tesis. Ass'ming the missile receiving any
prop.teion system is tanked .- i.zing nfcermatica geined during accep-
tarnce testing. 1Ye MISLGre fot . may deviatz doe wo inherent testing in-
accuracies”, A mixtire ravios variation of 0.5 percent is assumed based
on current epg¥me, acceptence programs and represents a 95 percent degree

of confideace

Missile Accelerat. v Hastary. As a mies.ie accelerates and ascends, the

s

prop.ieivca evstem performanc: Thriet, mi
-

~ore ratio, flowrate etc.) is
constantly cranging d.e to Arag vegialiing, iucreased system pressures

and decreased atmuspheric pressures.

3 40 R-3208
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During the preliminary design of a missile, estimates of all the above
parameters are mgde in accord with the best available state-of-the-art
information. These estimates are then fed into various opti;ization pro-
grams, and result in information such as acceleration, thrust, and specific
impulse as a function of time fromlaupch; Once hardware is fabricated,
these estimates (i.e. compohent weights, engine performance) are re-

vised to the values realized during the development phase of the program.
One can see, then, that the accuracy of the output from the above mentioned

optimization programs is a function of develomment time.

The shape of the acceleration vs time curve is strongly a function of
takeoff thrust and takeoff missile gross weight. (It is insensitive to

the trajectory deviations considering reasonable perturbations around the

optimum.)

The missile thrust and gross weight are assumed to vary *3 percent each,
resulting in a *6 percent variation in acceleration. Use of the in-
fluence coeffiqients results in a mixture ratio variation (95 percent

confidence, 2 @ ) of +0.3 percent.

-

Standa;d Deviation. The standard deviation is found from these individual

deviaf?éﬁs as previously mentioned. This standard deviation was found
to be $1.51 percent. These values are used in plotting the curve of

Fig. 3-51.

It should be noted that certain factors in addition to those mentioned

may have an effect on mixture ratio. These factors, (1) variation in
launching altitude, (2) tank dimensiﬁnal tolerances, and (3) variation M w
propellant consumption prior to full thrust, were assumed negligible in

this preliminary study.
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The curve of Fig. 3-51 shows the probability of the trapped propellant
being less than a certain value (Zo)' It can be seen that there is a 99.9
percent probability that the trapped propellént will be %?SS than 1.38 per-

cent.

Effect of Trapped Propellant on System Performance. The effects of

trapped propellant on propulsion system performance are studied by con-
sidering the effect on the payload-to-gross weight ratio of a single
stage L02/LH2, pump-fed vehicle. For a given ideal velocity requirement -
(ZXY) the payload-to-gross weight ratio can be evaluated as a function of
the percent of trapped propellant. This in turn can be related to its

probability of occurrence through Fig. 3-51.

The results of these calculations are presented in Fig. 3-52 for 1.38
percent trapped propellant which corresponds to 99.9 percent probability.
It can ée seen that for low velocity requirements the trapped propellant
has slight effect on the payload. For higher velocity requirements the

effect is more pronounced.

[ J
Propellant Utilization System Considerations. The effect of a propellant

utilization system should now be considered. Basically, a propellant
utilization system can be expected to decrease the variance of mixture
ratio. A propellant utilization system, then, tends to compress the mix-

ture ratio distribution.
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Any propellart wril:izatior system vilt -ave certain disadvantages. These

are listed beiow:

1. Weigrr

a. lhe propeliant ut.i.zation system will consist of certain
control and seneing componente. The weight of these compo-

LEL'S M .&* te

m

Atetrocoed fr m the payload advantage of a
miseiie stage + ' w Leope lacl .Tliization system to obtain

LnE teve paycved adeenage .
2. Reliability

f. Because f ine sdded « mp'exity of a propellant utilization
BYELEL  re ek o re “al’ Tty of an engine with a propel-
R R R A LT te lower than that of an en-

o€ WLl L s b - Al LtL.izat’oa system.
3. Development ! ime &anc et

a. Tne cost of a propeisary vt1lizetion system can be a
giguificact nda! .« t) tie busic engine development
. ,

coet .

One additional difficulty wh.cb ¢oi’d cunsiderably complicate develop-
ment «f a propellact utiitizat o, svetem ie the low density and cryogenic
natnre of the kydrogen fue . Tre ¢ :segient vack of a well-defined
liquid surface and tre smal' priee.r- d *ferences existing in the fuel
tank raiese do.bue awboit te =%t - .t acclracy with any tank sensing
devices. A flow iategras wnm evetem « .. 4 aleo be sibject to large fuel

density variations during a miss’ . . -
v
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From consideration of the complexities of a propellant utilization system

and the deleterious effects of trapped propellants the following general

remarks can be made: (1) for low energy (low AV) missions where the

effects of trapped propellant are not significant a propellant utilization

system would not be warranted, and (2) in-high energy missions a propel-

ant utilization system can be used to good advantage.

Thrust Vecior Control

A preliminary veview has been made of the thrust vector control require-
ments for space stage pitch, yaw and ,roll axis orientation. Requirements

for thrust vector control will result from three principle sources:

1. Thrust vector control to <. rect for engine (and vebicle)

misal ignment
[ 4

2. Thrust vecror contrel to correctly reorient the space stage
after separation. assuming a torque existed at separation from

a nonuniform (unsymmetrical) previous stage shutdown

3. Thrust vector control te maintain the correct vehicle attitude

during space stage cperation

Basic analvses have been reviewed from presently available data to indi-
"ate possible requirements. In regard to the vehicle center of gravity
location. mass moment of iértPa. and weight. the values used in the cal-
culations are based on assumed design ¢riteria that may differ from any _
final space stage design. -However, the thrust vector control results

obtained will indicate trends in the requirements.
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Tne difficu.t prob.em htat ar.see o s’ =07 ng ttrast vector control fe-
guiremente i tse margir 9f v-r-jee.gr or mergin of safety that shauld
 be added. Reviewing past ewg. s Zesigre both booster-and upper-stage
systeme) it can te evown from tesz- f:lgrv data that the actual engine

gimbaling is mucr less tuen the mux m:m tor which the engine is. designed.

While beoeter and upper stage - .»¢ 7-.v> deeign gimbal angles of ap-
proximate.y 5 to i0 deg. _t .& e da.rt’ o .t to fizd an actual gimbal

angie in 117grt appreadi’ng s mae _oics L deg,

The crigirnal desiga basie fur tre tiweter and upper stage.engines is
usualiy & simsiazed rlignt tiaje. niry «17a 4 maximam wind profile.

As & resalt. wikes vewn clee sre L. {.ig- tested during severe winds, the
Large gimbai aig.:8 ol Lot Jtq.as:i. .0 &z cpper stage engine which
fuacticre cste’de the Earv:e ¢ =tm size7>. ithe required gimbal angle

from a similated trejectooy ¥ Frovia- cre prgprogfamed vehicle attitude
is very small. 1ke margin of <:eévdee’ gn required for maximum wind loading

in a booster siage eryg.pe ie “..* T:y.  ed "7 g.ch upper-stage engines.
Thug tre ca.c. nt'oae 7z~ resr geo:vaved regarding thrust vector

cortrsl vequirementis wuer - v -wed ‘et cight that a large margin

of safery has ¥ &torica v 7--1 .= a4 ia p:st engine specifications.

* Thyus® Vector Req:irems-ts f r ¥ =.  pme.v. Amgubar or lateral engine

throst vectsr miea. igumer’i «°i respect . tie vericle centér of gravity
will cacee o torzque atc.r bie ver 1= (::mec f gravity. DBased on pre-
vious engiue marstacc.ring tri#-us. =5 1he engloe thrust vector misalign-

ment shov'd got be greatsy ‘r-o. 0.3 .. .ateral, and $0.5 deg angular.
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The tank 509

res

SOLITITE DAY O

ave a latzrsl center of gravity misalignment

Pring frem fih @an ctactiring toierences, tank bending, or un-

symme tricaliv attacted comporeants A noncircular, nonsymmetrical tank

SLAPE | Eu(t 48 o pear-st je (-use seclica), wnere the lateral center of

gravity would not be in the predicted lgngitudinal axis, may be used.

Mlesceseuns with tee

]

design f.r a var.etly

d.icated TruT smal

dSVINDF ATV aT€ LG&:

vetitcle contractor personnel, involved in tank

of preeect.v operating iarge vehicles, have in-

v cate ol Wisal !l guneit values sccurring from tank

ISR I

< O

¢
1S

. eug.-¢ gimoal r:iguirements. Nonsymmetrically

lcinted comporents cobseé a taleral center-of-gravity shift as the propel-

tant

18 cossumed

Tris anslvsis has assumed that symmetrical component

placemernt caa exist ard rat tae vehicle tank lateral misalignment due

te

’
%

-~

[SEE -2 G- e

-

g -1 toer 2025 in.

boteon and ca-. Mossiogorert of the main thrust chamber thrust

vect r will produre a tateral torgue atont twe veb:icle center of gravity

10 eltner Toe potih er vaw axis  or e coaniraticn of hoth,

-

e

e,

For a vew cie coue dered. cmpolng an 83 000~ 0-throet engine, a

grapi.ical presentatinn of ik

t1o..

wrlcr o je tr-

MiSal iFUMELT rs

‘misal.gnmernt. t-e

50 000 ib ft

wWiren

oI E

Tare spsetring tirgue “wouid

att;

*

.de coutYXu.

1ory:e .8 ost pre

be requ.ted

gy8l€m.

Jguced

or

;

e upsrtiire tu-que (for the burnoct condi-

P4y Ytrom s reonge of lateral and angular

¢ 353 i, tLr tpce total assumed

Togy.: e iiing would pe approximately

requ’re lorrection eitner from an auxiliary

g.absc .8 the melin engine so the upsetting

A miomom e give gimoal angle of 0.65 deg would
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Roll. A lateral misalignment in combination with an angular misalign-
ment (or engine gimbaling) will produce a roll torque. However, this
resultant roll torque is low. With the above mentioned vehicle and angular
misalignment values the roll torque produced is 30 lb ft;for a lateral
misalignment of 0.5 in. and an engine gimbal angle df 3 deg the roil

‘prque produced is 185 1b ft.

Torque From Previous Stage Shutdown. The trausition conditions in an

engine shutdown produce a cutoff impulse which may have a variation. *In
a ;ehicle stage which has a multiple engine system, the variation in
cutoff impulse between the engines will produce a torque in either the
pitch or yaw axis, or a combination of both. This torque will produce a
vehicle angular rate which will be inherited by the following stage
after separation. Thus a control torque in the following stage is nec-

essary after separation to correctly reorient the vehicle attitude.

An analysis was conducted based on a preceding stage with four J-2 engines.
A statistical analysis of the torque impulse imparted to a space vehicle
at second-stage shutdown indicates that for assumed standard misalign-
ments and cutoff impulse deviations of each of the four 200,000-1b-thrust
J-2 engines, there is a 99.7 percent probability that the cutoff torque
impulse would be not greater than 117,000 1b ft-sec in any direction.

‘his torque impulse would impart an angular pitch rate less than 1 deg/sec
to the upper stage during separation.” If the J-2 engine thrust vectors
can be gimbaled to within a radius of 0.3 ft of the vehicle center of
gravity at shutdown, the resul ting cutoff torque impulse could be cut down
to 26,750 1b ft-sec (corresponding to a 99.7 percent probability level).

" This latter torque impulse would impart an angular pitch rate less than

0.2 deg/sec to a space stage.
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Thrust Vector Control During Spacr-Stage Powered Flight. Examination and

reduction of data formulated 1n simulated trajectories for the space
stage, initiating prior to en Farth orbit. and proViding powered flight
for a lunar mission, have ind cated amall requirements for pitch and
yaw thrust vector control  Providing the correct orientation is
established, an engine startup (by the attitude control system) 0.1 to
0.2 deg gimbal angle is adequate ' The yaw requirements inherently will
be 1t§s than pitch requirements since o programmed vehicle pitch
attitude 1s required. and *the onlv vaw requirement is that a constant
yaw attitude be maintained.

The vehicle attitude during an Ferth ~2cape-phase operation does not
greatly effect the mission perf rmance A vehicle orientation of
abproximabely 1.0 deg from the nom.nsl (optimum) case throughout the
simulated flight resulted in a pavload reduction of less than approxi-
mately 0.3 percent. Thus high response rates for thrust vector control

do not appear to be necessarv from e f]fght control standpoint.

-

Results. These analyses indic+rc that ‘brusi vector corrective torque
requirements for a space stags will result prnmarilyukfom engine and
vehicle thrust vector misalignment A gumbal angle of 1 to 2 deg should
be adequate, together with an su-iliarv ronll control system if a single
main engine 13 emploved FEngire g mbal requ'rements for a landing

stage must be analvzed with e stage d:s1go layout so the vehicle dynamics
- can-be considered. the size, conf gure' on, and center-of-gravity location

are prime factors. For a lunar »r planetary takeoff stage, atmospheric :

351 ’ R-3208
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winds must also be considered However for lunar takeoff and landing,

where little atwosphere exists, review of current Earth booster vehicles
(5 to 8 deg with margin of safe;v) indicates that this magnitude should

be feasible for a lunar engine svstem from both a trajectory control

and engine design standpoint

5
i

i

Latcral and_AxlaI Acrrlerat nn Loads

A review of possible space engine design loads has been conducted to
indicate engine system requirements. The loading conditions may be
divided 1uto two catpgo}les: (1) those occurring during induced

booster operation. and (2) those occurring during space stage operation.
Axial load:ng results from the vehicle acceleration necessary to achieve
the velocity rvqﬁlred for the mission. Lateral loading occurs during
boost phaze fromewind loading or gimbaling of the boost stage engines

to provide a vehicle-corrective torque During space stage operation,
lateral loading results primarily from engine gimbaling or possible

alternate thrust vector control svstems

Axial Loads The ax1al 1rads whirb could resvit during boost phase
operation are tabulated 1n Table 3-9 As presented, a two-stage Saturn
_*3tem could result 1n thrust to-we:ight ratios up to 10 for the Eartb
OfBlt +stablyushgent mission This high valve results because the low
propellant weight booster design requires a high second-stage mass ratio
and thus the high burnoutr acceleration  The Nova vehicles, based on

a more optimum staging arrangement are shown to achieve somewhat lower

loading conditions )
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TABLE 3-9

~ BOOST PHASE AXIAL LOADS

4
Axial Load, g

Saturn ,
Two-stage to orbit 9 to 10
Three-stage to orbit k to 5

<

Nova

Two-stage to orbit 5 to 6.5

The space stage operation results in relatively low actual loads.
Figure 354 presents the burnout thrust-to-weight ratio which will
result for a space stage. Because most Space stages will be designed
with initial thrust-to-weight ratios between 0.5 and 1.5, and for
stage velocity incremgnts between 10,000 and 15,000 fps, axial thrust-

to~-weight ratios less tha&ﬁ? can be expected.

Lateral Loads. Lateral loads on the sSpace engine system will be

induced during hoost phase and Space-powered operational phases. Review
of the lateral loads which could be induced for a Space-stage engine
atop the Saturn vehicle indicate a maximum iaferal load of 2.7 g resul t-
ing from marimum engine gimbaling at boost phase propellént burnout
(This results in the maximum angular acceleration of the vehicle). How-
ever, this coudition is not realistic. Reviewing that maximum gimbal

requirements occur at the time of maximum dynamic pressure in the trajec-

Ltory. a lateral acceleration of 0.25 for the Space engine would result.
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BURNOUT THRUST TO WEIGHT

INITIAL THRUST TO WEIGHT

Figure 3-54,

Thrust-to-Weight

u
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IDEAL VELOCITY INCREMENT: FT/ SEC
/Av = 20,000
ENGINE SPECIFIC
IMPULSE: 420 SEC
Av = 15,000
Av = 10,000 __
Av = 5000
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Burnout Thurst-to-Weight vs Initial
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During space stage operat.on. the low thrust-to-weight ratios involved
and the small requirement for a gimba® angle for thrust vector control
indicate that very low values of lateral acceleration would result in
the engine system. For a spare vehi:le design having a thrﬁst-to—weight
ratio of approximately 1. in an Earth chit escape trajectory, consider-
ing a possible engine gimbaling of 3 deg, a lateral loading of less than
0.2 g resulted.

s

Conclusions. Reviewing the ax.al ioads .n a space engine during boost,
together with the design specifications for current booster stage engines
in Table 3-10, indicates that the‘space engine stage should be designed
to withstand a maximum axial load during boost phase of 8 g During
space stage operation a design fcr axlal loading during booster phase

will be adequate.

TABLE 3-10

- CURRENT ENGINE DESIGN LOADS

e

H-1 L g with L g late~al; up to 8 g with 0.5 g
lateral

F-1 9 g with 1 g lateral; up to 15 g with 0.5 g
lateral

i J-2 10 g wi*b 1 g lateral; (4 g any direction .

ground handling) :
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f
Lateral loads of 0.5 g should be adequate for booster or space-stage
conditions Handling loads would result ip higher values for the
‘lateral load specification: a handling specification identical to the
J-2 criteria. 4 p in anv direction for ground handling, appears

adequate for a space engine design.

-
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MARS ORBIT MISSION

PHASE 1 MISSION/VEHICLE SELECTION

During the first phase of the NASA contract, several mission/vehicle
combinations were considered. For these vehicle/mission combinations
general propulsion system requirements were described for performing ’
the various maneuvers of the missions. After review of the first phase,
a Mars orbit establishment mission was selected as one of the three
missions for study in the second phase. The vehicle selected was the
Nova H-6. This vehicle is capable of placing 354,000 1b of payload

in a 300 n mi Earth circular orbit. Assuming this payload to be the
initial gross weight of a space vehicle, éombinations of maneuvers and
pfopulsiﬁn systems have been investigated for establishing a Mars

orbit.

MISSION MANEUVER ALTERNATIVES

Figure 3-54A shows various combinations of maneuvers available for per-
forming the Mars orbit establishment mission. Wherever various alterna-
tives were available, recommendations based upon analysis in Phase 2
havey bean shown by shaded areas. A brief summary of the recommended

maneuvers follows.

Earth Departure

A departure from an Farth orbit has been selected over direct departure
from the Earth's surface. The advahtage of this maneuver (discussed in

section II] of Phase 1) is a relaxation of the stringent spatial alignment
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constraint between the Earth launch position and Mars. The increased
degree of freedom obtained when the vehicle starts an interplanetary
transfer from an orbit reduces the propulsion requirements and thus
permits an expansion of the launch period interval, leaving an Earth
orbit, two options exist for performing the plane change associated with

the majority of interplanetary transfers.

The vehicle may depart from a 28-1/2 deg Earth orbita} plane as estab-
lished by an Atlantic Missile Range launch without changing geocentric
planes during the departure maneuver. Excluding extremely special cases,
a heliocentric plane change would then be necessary some time after

launch before intercepting Mars. The space vehicle could depart the Earth
orblt and change heliocentric planes during the same propu151on phase by

using a component of thrust normal to the geocentric plane.

A better technique for performing a Mars mission would be to depart the
geocentric orbit and change heliocentric planes (as ‘'described in the

first phase of the study) with a planar propulsion maneuver., A geocentric
orbit can be established by the Earth booster vehicle such that the geo-
centric escape propulsion phase can be accomplished with a planar (geocen-
tric) powered trajectory. The thriist vector is always in the plane defined
by the radius and velocity vectors during a planar propulsion maneuver, Lﬁau
is recognized that for this method of escape from the Earth, the geocentric
orbit must be controlled and a geocentric orbital plane inclination estab-
lished which is suitable for this recommended escape maneuver. Establish-
ing a geocentric orbit which is inclined at some angle other than 28-1/2
deg to the equatorial-plane will place a greater requirement upon the boost
phase of the Nova H-6. 1In considering the Mars mission starting from an
Farth orbit, the techniques of establishing the correct geocentric inclina-

tion have been omitted.

- 3-159 R-3208
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Escape from the Earth orbit with a geocentric planar trajectory can be
performed by a variety of thrust programs. A tangential thrust pro-
gram (thrust parallel to velocity) is recommended for this Earth orbit
departure phase. Near optimum performance is obtained using this thrust
progyam., Additionally, the thrust level of the propulsion system has
een assumed as constant. In Phase I of the study, a 150,000-1b-thrust
propulsion system was recommended for powering the first stage of a

space vehicle of 354,000 1b gross weight,

Mid-Course Correction

After the Earth escape heliocentric plane change propulsion maneuver,
the next propulsioﬁ requirement (neglecting attitude control) is for
midcourse corrections. The cutoff impulse deviations of the constant
thrust engine of the first stage‘(the Earth departure stage) add to the
errors in position and velocity measurements by the guidance and control
equipment, and introduce errors in the resultant heliocentric trajectory
at burnout. To compensate and correct for these errors at burnout, some
midcourse propulsion is necessaryy. To modify the trajectory sufficient
measuremends must be acquired to ascertain the magnitude of the devia-

tion from the standard trajectory.

‘" ncremental midcourse correction (applied in as few as two increments)
is recommended to permit sufficient time to elapse between corrections
to obtain trajectory errors.. Onme correction is applied shortly after
launch; a second, some time shortly prior-to entering the Mars sphere
of influence, The alternative to incremental corrections is a con-

tinuously applied correction maneuver. A continuous midcourse correc-

tion system would require an extremely low thrust engine such as an ion

3-160 R-3208
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propulsion sysfem, with its large power supply weight; or a cold gas
system of low performance which would require a relatively larée é}-‘
penditure of propellants. Therefore, an incremental midcourse correc-
tion maneuver offers greater advantages in payloads (unless a power

supply adequaterfor an ion system is an intrinsic part of the payload).

s

Mars Orbit Establishment

Arriving in the vicinity of Mars, the vehicle has hyperbolic velocity
with respect to a Martian coordinate system. Unles® some propulsion is
applied to reduce the velocity of the vehicle; it will follow a hyper-
bolic path past Mars and continue into space. A retrothrust system is
required to reduce this velocity. The retrothrust propulsion system can

change the hyperbolic approach trajectory directly into the selected
Mars orbit.

For direct establishment of the final orbit, the entry corridor influences

~ the propulsion requirements. For ideak gntry corridor conditions, i.e.,

assuming that the asymptotic approach distance has been matched to the
hyperbolic approach velocity by the midcourse correction propulsions
phases; and that the exact altitude for initiating ret;othrust has been
determined, the second stage of the space vehicle can enter the final
orbit with a minimum expenditure of propellant. If these -conditions are

‘not satisfied, the propellant requirements increase for changing the

trajectory from the hyperbola to a final orbit.
Since the hyperbolic approach velocity varies with the launch datg, it

is recommended that an intermediate orbit be established which later can
be modified into the final orbit. Establishing this intermediate orbit
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allows greater flexibility in the retrothrust program for the mission.
Since an intermediate orbit is being established, a constant thrust propul-
sion system would satisfy the requirements of this maneuver. The devia-‘
tions in engine operation character1st1cs would only alter the 1ntermed1ate )
orbit. Again, a tangential thxust orientation program of thrust opposing

velocity at all times woyld be employed.

After the second stage retrothrust system has effected capture into an
intermediate orbit, sufficient time exists for guidance and control
Systems to measure precisely the orbit and to determine the necessary
corrections to establish the final orbit. From this intermediate orbit,
the vehicle could possibly compute its own correction, or relay informa-
tion to the Earth for the vast computer facilities based dn the Earth to
determine the i1ntermediate orbital elements  The necessary information
could be sent back to the satellite for applying the propulsion phases

for establishing the final orbit.

For establishing the final orbit a variable thrust engine may be used to
minimize the effect of cutoff dev1at10ns and thus more precisely control
the final orbit. An alternative and the recommended method would use
one of the second stage constant thrust pr0p33510n engines (assumlng
that it could be restarted) for establishing the final orbit, and then

some much smaller engine for orbit trimming.

Parallel staging could possibly be used with the latter concept to

effect a gain in payload. This staging technique was not included in

the analysis performed in Phase 2.
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If the liquid oxygen/liquid hydrogen propulsion system used for the
intermediate orbit establishment could not be restarted, it would be
necessary to use another stage engine system for establishing the final

orbit.

The broad categories for establishing a Mars.orbit have been defined in
a preceding paragraph and jhe recommendations for performing these
maneuvers have been cited. The recommendations are as shown in Fig.3-54A

’

by shaded areas.

EARTH ORBIT DEPARTURE .

The 1964 period of launch dates was chosen for study in Phase 2. TFrom
Phase 1 of the study, during the 1960 launch period for a Mars space
vehicle, a 200 day transfer time was shown to have approximately the
minimum energy requirements (Fig. 2-79 , Section III). For the 1964
launch period analysis, variations of +20 days in urip times about the
nominal EOQ day transfer time were assumed.

Figure 3-55 presents the Earth hyperbolic excess velocity of the Mars
bound vehicle as a function of the launch daté‘&uring the 1964 period.
Curves are plotted for the nominal 200 day transfer and for 180 and

220 day transfers. Similar graphs were shown in SectionIII for a launch
during the 1960 period. For comparison purposes, similar curves have
been generated for the launch period which occurs in 1966 to 1967 range
of dates. These are represented in Fig. 3-56 . From Fig. 3-55 for
the 1964 launch period, a 220 day transfer time requires less eneféy
for Earth departure than for the 200 day transfer time. However, for

the 1966 to 1967 group of launch dates, the 200 day transfer time
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requires less energy than the 220 day transfer time. From reference
sources,* data are available to show how the transfer times, correspond-
ing to minimum energy expenditure, vary on either side of a 200 day
transfer time accarding to the year of launch (Fig 3-57 ). Therefore
the 200 day trip has been selected as the nominal case to permlt a
vehicle configuration to be used during each laurfch period without

lextreme performance penalties.

Corresponding to the graphs for the EBarth departure phase, Fig. 3-58

and 3-59 present the hyperbolic arrival velocity at the planet Mars.
These curves are plotted as functions of the Farth launch date. The
velocities represent the vehicles hyperbolic approach at Mars after the
elapse of the indicated transfer time. The hyperbolic arrival velocities
at Mars and the hyperbolic departure velocities at Earth during the 1964
optimum period do not reach minimums simultaneoesly. Trade-off studies
were conducted to determine the launch date within the period to give

maximum over-all vehicle performance.

In the first phase of the sfud}, nomographs were presented as a tbvol for
the analysis of vehicles performing interplanetary missions. Nomographa,
constructed for Earth, Mars and Venus, had specific impulse ranges be-
tween 200 and 800 sec. In the second phase, for designing a specific
vehicle a more detailed analysis of the influence of I was required for
\etter definition of payloads. Therefore, for Mars and Earth, nomographs
hdve been constructed expanding the region of specific impulses between
300 and 440 sec. Anf vehicle launched in the immediate future (the years
considered in the study: 1964 and 1967) probably will have propellant

combinations giving specific impulses somewhere in this range .

*¥1. Breakwell, J. V., et al, "Hyperbolic Fxcess Speeds for Trips to Mars,

Astronautical Sciences ReVLew April; June 1961 .
2. Breakwell, J. V. et al, Resear(hs in Interplanetarv Transfer,
Journal - of The American Rocket Society, 954-59.
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A second stage, or the Mars orﬁit establishment stage, design for

storable propellants will have an IS in the 300 category; a high-

energy liquid oxygen/liquid hydrogen system employed in the second ’

stage will bave aspecific impulse in the 420 range. Thus, these new 4
nomographs should cover any propellant combination anticipated for a

Mars orbit establishment mission over the. next degaﬂe.’ These new

-

jmograﬁhs are shown in Fig. 3-60 and 3-01 .

v
Throughout the analysis of this mission a first and second stage pro-
pellant fraction ()\p) of 0.915°will be used for this nominal vehicle
of 354,000 1b gross weight. Later, vehicle performance with the assumed
A p will be compared with results obtained using a preliminary design
stagé weight, as determined in the second phase of this study. For a
study of relativistic vehicle/propulsion system performance it is

valid to use an assumed propellant fraction.

‘For the recommended Earth departure maneuver usiﬁg the planar powered
trajectory, the initial gross weight of the second stage is shown in

Fig. 3-62 as a function of the launch date and in Fig. 3-63 as a
function of Mars hyperbolic arrival velocity. The second stage gross
weight is shown for a first stage specific impulse of 420 sec (character-
istic of liquid Bxygen/liquid hydrogen systems). For comparison, the
gross weight of the 3e%ond stage has been shown for a first stage de-

* rering a specific impulse of 400 sec. A noticeable decrease in the
second stage gross weight is shown for the loss of 20 se¢ specific

impulse in the first stage.

R AT
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MIDCOURSE CORRECTION

Space Transfer Propulsion Phase

The next phase of propulsion required,after the vehicle has escaped the
Earth orbit and is travelling in its heliocentric transfer trajectory
is, midcourse correction. The time delay between launch and the applica-
tion of the midcourse correction velocity increment influences the size
of the velocity increment. There.is a trade-off however, between }he
delay time when the velocity increment is applied and the merit of the
results of the correction. If the correction increment is applied
imnediately after launch the velocity increment will be emall, depend-
ing, of course, on the size of the burnout error. If the correction
is. applied later in the trajectory, when more information is availabke
to more accurately ascertain the magnitude of the difference between

the actual trajectory and in intercept trajectory, a larger velocity

increment is necessary.

Errors in the magnitude of the injection heliocentric velocity vector
and errors in the heliocentric elevation angle at injection have been
examined for their influence upon the size of a midcourse correction
applied shortly after departing the Earth orbit. This midcourse cor-
rection is the first of two recommended midcourse corrections. The
second correction is applied shortly prior to entering the Mars

8phere of influence to correct for any perturbing effects upon the ve-
hicle during its coasat trajectory'to the vicinity of Mars. In addi-
tion, a second correction nullifies any errors in applying the first

midcourse correction.
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For an examinar.ur o f midccuc®e correctisas  a simplifying assumption
will be made, Oue per-me-<r 5% a t.me w!1 be evaluated for effects
of errors. At tne f res mid aarse cirrection Fig., 3-64 relates the
regiired velge v rorement ae & finctlicen of the percent errer in the
mago.tude 6t Barth keperccliic evcess elocaty. To show the dependency
betwern deiay time ¢f this midcourse eorrection, parametric variations
.‘b 30 40 a-d 50 dave) “n *iec delev fime batve been analyzed. For
errors Less than 003 pereen Lo Erpest s encmse velocstv magni-
Tuae ond wouelay ime f Lporo 30 deave  the maxim.m cerrection velocity
1nCremernt 19 apprivimately 100 t: ¢ec. F.r the nominal vehicle, the
0.5 percent devia®ivn represenis & veriatior of about 66,800 lb-sec

s Eutmg D86 fur a 30 NoCembter :90h4 Earth wrbit departure date.

Atter 20 d-ve o

v

DTl T s er. d revs elapsed for measurements

To be Made <> 1AL el Yow coeo0 Jn L€ weriveenty.ic trajectory. From
Fig., 3-64 f:r « 20 day deioy Lime tevweern imanct and midcourse cor-
Yerigor on €rc.y i aburr U5 prreeit dn tre hyperbelic excess velocity
mage.tide ccuid be toleraved for the 100 ft per sec currection velocity
incremert capab:lity Agn.n  vois welleily increment assumes no error
exigred 5t turs 2t T the elev-tl v a-g.oe of 1he velocity vector.
Additionall&_ it assumes Lo ©.r v existeéd .o the inclination of the
resaltant helil_ ceriric traneter 1lene from tre intended neliocentric

transfer piare.

Togure  3-6%5 &7 ww e mind .o ke [ rre U oL VELCity increments required
gbi @IINre i tte o €T T pe eotvaloetevaTicre angle.  Again, curves
are plotted for 20, <0, azd 40 3sy de¢’-v ~-mes ts show the effect of
¢bltaln ng W.re acCn s~ (L2Clha v 0 V8 penalty in larger velocity require-
ments, Consine: g “re delov tume nf 20 davs ard a 1 percent error 1in

the clevat ~n arz. e aﬁprox,ma*i v 50 f1oper sec AV will be required.
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angle; in the magnitude of velocity vector; in the angular position

of the vehicle; and in the inclination of the orbital plane. Therefore,
the first midcourse correction increment will be a resultant of a
combination of errors in each of these quantities. For a delay time

of 20 days, the'midbogrse correction can be determined from Earth-
based computer facilities. The actual magnitude of the midcourse cor-
rection at this first correction should be less than 100 ft/sec, assdﬁ-
ing reasonable burnout control of the Earth orbit departure phase. The
second midcourse correction will be applied near the vicinity of Mars,

if required.

. Entry Corridor Correction Phase

To gain some information about the magnitude of the second midcourse
correction'(entry corfidor maneuver), a nominal case haé been selected
for study. The 354,000-1b space vehicle is launched on 30 ‘November 1964.
The burnout velocity of the space vehicle, using conventioyal guidance
equipment can be controlled to t4 ft/sec*. However, as a safety factor,
a velocity burnout error of *10 ft/sec will be assumed. Figure 3-00
relates the change in burnout velocity of the rocket to the resultant

hyperbolic excess velocity. This is an energy derived relation.

For the 30 November 1964 launch date, a hyperbolic excess velocity of
approximately .11,600 ft/sec is required. The assumed error of +10 ft/sec
in the burnout velocity gives approximately *35 ft/sec deviation in the

hyperbolic excess velocity.

-

K AN

¥Spence, W. N., "On the Adequacy of ICBM Guidance Capability for a Mars
Launch,"” Journal of the American Rocket Society, 1174-60.
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For this deviation in the Earth departure conditions, an initial mid-
course correction was applied after a 20 day delay time. The first
correction reorients the vehicle's heliocentric traJectory to establish

a designated asymptotic approach distance at Mars. In applying the

first correction maneuver, deviations occur between the required velocity
increment and the achieved increment. These deviations necessitate a
second correction increment in the vicinity of Mars to reorient the
vehicle trajectory to establish the asymptotic approach distance while

maintaining the original transfer time.

In the analysis, simplifications have been used to evaluate the magnitude

of the second correction increments:

1. The measurements of the vehicle trajectory parameters ‘are

assumed correct all times.

2. The radius, velocity, and velocity increment vectors are

assumed coplanar.

With these simplifications the entry corridor correction velocity
magnitude is a function of the eror in the first correction maneuver and
of the remaining time period (prelntercept time) between the gselected
transfer time and the elapsed travel {ime. Figure 3-67 presents this
relationship for corrections applied to re-establish the selected
asymptotic approach distance to affect an orbit establishment maneuver.
The selected asymptotic approach disfance is for a constant retrothrust
maneuver into a 300 n mi circular orbit after a 200 day transfer beginn-

ing with Earth orbit departure on 30 November 1964 .

“~
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MARS ORBIT ESTABLISHMENT

Mars Orbit Selection

One mission/vehicle selection for study in Phase 2 was establishment of
a satellite orbit about Mars. A circular orbit of 300 n mi altitude
was selected arbi%rarily for study of the propulsion system~requirement.
To select the optimum altitude for an orbit would‘involve a detailed
study of the goals of the mission. This is beyond the scope of the
present study. However, the 300 n mi orbital altitude selection was
examined for atmospheric decay of the orbit and for photographic
capabilities by the orbiting vehicle. These literature review studies
indicated the Eelection of 3QO n mi appears very favorable and

realistic,

Martian Atmosphere. The density of the Martian atmosphere plays an
important role in selecting the orbital height of the space vehicle.

The diameter of Mars is less than that of the Earth, and Mars is less
massive., Because of the lesser gravitational pull of Mars, the pres-
sure gradient with altitude in the Martian atmosphere is about 2-1/2*
times as small as for the Earth. At about 30 km altitude the barometric
pressures of Earth and Mars a¥e equal. Below this altitude the Martian
atmosphere is less dense and at greater altitudes the atmosphere is

more dense.

*Wanders, A. J. M., "The Physical Conditions on the Planet Mars,"
IX Interpational Astronautical Congress; Amstetrdam 1958.
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° “

Figure 3-68 shows the effect of focal length on photograph scale which
is shown as n mi per inch of photograph to provide a guide for selection
of photograph size. In general, the larger the scale number, the harder
it is to see fine detail; on Fig. 3-08 small values of n mi per inch

are desirable. Figure 3-63 also shows an actual photograph result taken

by camera from a Viking flight which can be. considered early state of

the art.
2

4

Resolution. Another useful and measurable parameter is resolution,
a term originally used by astronomers in specifying the ability of a
telescope to visually separate dgpuble stars. For photographic perform-
ance, resolution refers to the ability of a filﬁ-lens combination to
render barely distinguishable a specified target consisting of black
and white lines. When a lens-film combination yields a resolution of
10 lines/mm, it-means that a line and a space which together measures
0.1 mm are barely distinguishable. Lines of coarser spacing (i.e.,
0.1 mm) are, therefore, better resolved. This single parameter (resolu-
tion in lines/mm) should be used with caution for it fails to describe
the character of thebresolution at all points other than the last, or

threshold Value; but if used properly it is afvery handy measure.

M,

Ground Resolution. This term is often used in discussing performance

and is defined as the ground size equivalent to one line at the limit of

resolution or

Scale number .
304.8 R (Iines/mm)

- Ground resolution (feet) =

5-185 : R-3208
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From this formula. one would expect to obtain the same ground resolutijon
by trading resolution and scale number. However, this type of recipro-
city is never the case either in practiée or in theory. If omne can
trade scale for resolution, the trade should be made in the direction of
lower resolution and smaller scale number. There are great differences
in the graininess characte;istics of different aerial photographic emul-
sions, and these affegt, interpretability much more than they influence
resolution. Figure 3-69 hag been estimated to reflect ground resolu-
tions from various orbit altitudes for current and.future photographic

capabilities.

Reconnaissance Levels. Operational reconnaissance is expressed by

four levels as follows:

Level A - Provides Pioneer large-area search. This calls for a system

to be operated over areas measured in millions of square

miles; for the Earth a scale number of roughly 250,000 K is
used (where K is between 1/2 and 2, to account for ignorance
and variability of conditions). Ground resolution correspond-
ing to level A is 80 K feet. For space with the lack of
atmosphere and other disturhggces it is assumed that ground
resolution would be hetter by a factor of 7. Therefore, with
a given scale number, ground resolution of 7 times Earth
values could be allowed with the saﬁe system and would
effectively give the same performance. This assumption may
not apply for Mars which is believed to have an atmosphere

of about 98 percent nitrogen. However, it is assumed adequate
for this cursory study in that it is not expected that thé
Mars atmosphere would have water vapors (clouds), smog or

haze that are a part of the Earth's atmosphere,
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.5 o
3 B

Level B - Limited-area search at a scale number of 50,000 K which is
useful for areas measured in thousands of square miles. The
character of many major installations, facilitiep, and
ground terrain can be detected and identified, aircraft can
be seen on &iffie&ds, major lines of communications can be
found and plbttéd, and, in general, those items found at
level A can be seen more satisfactorily. Ground resolution
is about 16 K feet.

Level C - Specific-point-objective photography can be accomplished at
a scale level of 10,000 K, and is useful for areas measured
in terms of hundreds of square miles. Extremely detailed
analyses of sites, airfields, industries, and activities can

. be made. Topography of terrain such as craters, mountains
and hills,foliage, etc., should be well detailed with this
level of reconnaissance. Ground resolution is about 3 K
feet.

Level D - Technical.intelligence objective, at a scale level og
2000 K, is useful for areas which may be less than one square
mile. Excellent topography details would result with this
level. This requires a ground resolution in the region of
4 to 16 inches.

The ‘above levela are used as guides and are shown in Fig. 3-69 . For
initial Mars reconnaissance photography, ground resolutions bhetween

levels A and B are adequate for the misaion purpose.
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to prevent the vehicle bypassing Mars. With this philosophy, the inclina-
tion of ihe resulting Martian satellite orbit is not considered an im-
portant parameter. If the ifnclination between the Marfian’equatorial
plane and the resulting orbital plane is incompatible ‘with mission goals,
propulsion can be used to change the plane to a selected plane. The
orbit establishment analyses have been conducted without regard to

Je inclination of the resulting orbit.

An ideal situation for establishing the-Martian orbit assumes zero
burning time or instantaneous changé of the velocity vector. In this
ideal case there would be no losses. The results of the ideal approxi-
mation to an actual propulsion phase indicate trends to be expected
from finite burning periods. Figure 3-71 , J3-72 ) and 3-73 have
been constructed for this ideal case of instantaneous change in the
velocity vector. Fach figure is construc%ed for a different hyperbolic
approach velocity to Mars. The.ideal velocity increment supplied by
the propulsion system for establishing an orbit, or for effecting
capture, is a function of the orbit-height above the Martian‘surface.

*
The vehicle approaches Mars from infinity with a hyperbolic excess
velocity; as it comes nearer to Mars the velocity of the vehicle (with
respect to Martian coordinate system) increases until a maximum velocity
is attained when the vehicle reaches the distance of closest approach
(ygrtex) on its hyperbolic trajectory. The ideal velocity increment of
A;é. 3-71 , 3-72 and 3—73: is applied at the vertex. The velocity in-
crement for establishing a circular orbit at any Martian altitude with
this instantaneous change in velocity applied at the vertex can be ob-
tained by taking the differencet’be®ween the entry velocity curve and the

circular orbit velocity curve.
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The preceding figures have shown the ideal velocity increment for estab-
lishing n circalar orbit about Mars for orbital alfitude varying from
I n mi up to 100,000 n mi. For “the second phase of this present NASA _
gtudy, a 300 n mi orbit has been selected for recommendation. Having
selected the 300 n mi Martian orbit as the nominal case, Fig. 3-7h .
. presents ihe'instanfaneous velocity increment for changing the hyper-
\bolic traje%tory into a circular orbit. Thiszs AV is plotted as a func-

tion of the hyperbolic approach velocity.

In conjunction with the analysis for an instantaneous impulse method of
orbit establishment about Mars, the asymptotic approach distance of .the
vehicle must be controlled te achieve an altitude of 300 n mi at ihe
vertex (Fig. 3-79 ). For various launch dates, the vehicle approaches
Mars with varying hyperbolic excess velocities. The usymptotic approach
distance must be varied ag a function of the hyperbolic approach veleocity
(Fig. 5~76 )} to effect a common vertex at 300 n wi altitude. As the
hyperbolic approach velocity decreases. the asymptotic approach disiance
approaches infinity. As the hyperbolic approach velocily increases, the
carve of Fig. 3-76 becomes agymptotic to the veriex distance {300 n mi
altitude). ’

The asymptotic approach distance can be controlled during the midcourse
cerrection phase, if not obtaipable during Earth orbit departure phase,
Ty varying the radial miss distance. The radial miss distance is de-
{ined s the cleosest distance hetween the vehiecle heliocentric tra-
Jectory and a peint mass planet (which does not rerturb the vehicle's
heliocentrie trajec(nry). Pigure 5-77 shows how the asywpiotic appreach
distance (d) varies with the radial miss distance between the vehicle

.- . kA
end the poini mass planet.
POl 3

t
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Ryperbolic Approach Distance (N.Mi, x 10'2)
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VEHRICLE AND PLANEY
CENTER COINCIOE.
-

MARS

V:- VELOCITY OF wmans
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Figure 3-77. Variation in Asymptotic Aphxoach Distance
with Radial Miss Distance
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Simulaged Tralectosy Maneuvers .
The preceding discussion has been for establishing a Martian orbit with
an instantaneous impulse to change the vehicle velocity vector. This
analysis provides the basis for additional analyses to investigate
techniques of orbit establishment for vehicles with propulsion systems
which burn for finite periods of time.

As stated previously, the Mars hyperbolic approach velocity of the apace
vehicle varies with the launch date. The hyperbolic approach velocity
for an interval of launch dates in the 1964 period selected for study
varies from approximately 13,700 to approximately 18,800 feet per second.
This variation in hyperbolic- excess velocity has an important effect on

the Mars orbit establishment maneuver.

Direct Final Orbit Establishment. Several propulsion maneuvers have been

investigated for changin® the space vehicle hyperbolic trajectory di-

rectly to a circular Martian orbit. For circular orbit establishment,
constant thrust and constant thrust-to-weight propulsion programs have
been evaluated. The maneuvers for circular orbits have been simulated ‘
on digital computers by flying the vehicle backwards out of the circular
orbit, using a negative mass flowrate. The powered phase of the maneuver
terminates when the vehicle attains an energy level associated ;ith the

, the

weight of the vehicle in the circular orbit can be obtained for each

hyperbolic excess velocity. From the nomograph of Fig. 3-61

hyperbolic approach-*el®city, since the corresponding gross weight of
the second stage (Fig. 3-63 ) is known. The altitude at which the
vehicle reaches the energy level is the altitude for initiating retro-
thrust when establishing a circular orbit. From other trajectory param-
eters at this energy level termination, the asymptotic approach distance

can be calculated from the momentum equation.
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’

For a constany taogentiai revratlrust propulsion maneuver for estab-
r - . -

Yietiing a More 300 n m. circeiar orbit. the emtry corridor parameters

are preses od in Fog 3-78 . Tre asymptotic approach distance which

myust by sep o eved fo

-

tze 200 day travefer mission and the selected
uterval of deparicre dates darine the 1964 period varies between approxi-
mat=iy 2800 n mi and 3200 5 mi. 1t is the function of the midcourse
r.bpnlsauL and guidance-contr i systems to establish these entry cor-

Vidor regLrremenata, Frgore 3-70 depicre the variation in the entry

ot ader e s@E T Yo LS uig.T o es A0 Lstiment m.ssivn,

For a constant thrust-ts-weigut vehicie (thrust-to-Earth weight equal
te 0.39) " ising a thragt opposing velocity maneuver, the retrothrust
Lurr.ag ©me  the asympistic appr st distacce, and the sltitade for
LETTOLEIGBl fiitiai Hu ave erowa in F.g.3-80 . Troese parameters are
functias of tuie {}ptr(olic eppiiait velocity and are relative to

sstablisting a 300 n mi circ:iar orbit

Intermedivte Osh.: Fe'-cl.snment. For establishing the intermediate

1

orbit abeut Mars it may simplifyv midceurse gaidance requirements if a
common asymprtstic approach distance {Eiga 3-81 ) could be used re-
gardless of tvperbelic excess approsch velicity., Additionally, it

would greatly simpl’fy the pruclem .f & common altitude ' also inde-

. ndent of the hyrerbe.iec appruaca ieici vy coculd be used for beginning

:

01 the r=trothrve* mapetver. sented  these siwpl:-fications would re-
sult ia 1atermediate crrite d:ffersat from tne final 300 n mi circular
" . . , - : . . ‘

erbit: out  vnig ictermed’ate crnit (ould te corrected by some other

.

Fropuieion phase to a 300 o mi creit,

A 0 39 thruer 1o Farir we gt rav corresponds to approximately a

L0 thrvet-t) Mars weirghs ravia.
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Figure 3-79. Mars Orbit Establishment Maneuvgf .
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An analysis was performed to determine whether or not it is feasible to
use a.tangentially applied constant thrust-to-weight program to establish
an orbit employing the concept of a common asymptotic approach distance
and a selected initial altitude for beginning the retrothrust maneuver.

In addition, the propulsion system would deliver a total impulse which

is a function of the h;;erbolic approach velocity. The total impulse
would correspond to that required for maneuvers described by Fig. 3-80.

If the asymptotic distance from Fig. 3-80 for the 18,800 ft/sec hyperbolic
~excess velocity trajectory were selected as that to be used for all tra-
jectories, tho;e trajectories with low hyperbolic excess velocity (in

the order of 13,700 ft/sec) resulted in orbits which intercept the surface
of the planet Mars. This intersection occurs even with no retrothrust
applied to the vehicle. Thus, the altitude for retrothrust initiation
becomes meaningless. Perhaps with additional andlysis an asymptotic
distance, an altitude and a total impulse could be determined suitable
for these simplifications with a constant thfust—ioéweight propulsion
maneuver. However, from the results of the,limited analyses conducted

for constant thrtst—to-weight maneuvers, the simplifications must be

ruled out.

It is recommended on the basis of analysis accomplished for constant
thrust-to-weight propulsion systems that the ?symptotic approach distance
and the altitude for the initiation of the retrothrust maneuver be pro-
gramed into the guidance and control system for each particular hyper-

bolic approach velocity. ,

For the concept of establishing a Mars orbit by using a common asymptotic
approach distance and a selected initial altitude for the'beginning of

" a retrothrust maneuver, a constant thrust program was investigated. For
the constant thrust agalyées the total impulse delivered by the propul-
sion system was selected to be a function of the hyperbolic apbroach

velocity as described by Fig. 3-78.

i W
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As etated 1n tre dnscuisaon Yor coravant thrust-to-weight Qropulsion
programs, selecting the asymp*.t'.c approach distance corresponding to
the high Lvperbo:ic approacn velocity - 18 800 ft/sec)? resulfs in tra-
Jectories tor tow Eyperbolic apprtach telscities that intercept the
scrface of *he planct »ven witnuit rercorprast being applied to the

vehitle,

N

v

For s coustant thrust propele o n maseuter inm which the retrothrust is
appiivd L GppLSLition tu e Terocitly | an investigaffbn was conducted
G8ing the asymptotic apprsach distance of the minimum hyperbolic ap-
proack velocity f13,700 tt/sec). Ilhe altitude for retrothrust initia-
tion wae selected @s tha' taliee wrick would resuclt in establishment of a
300 n mi c¢ircular rnit Cfor s Lypecro.ilc approach velocity of 13,700

ft/sec) ue 0z the descrived propeielon manesver.

As tue analyeis progressed tue simplification of using a common altitude
for initiation of retrothrust was deleted. Retairing the common asymp-
tatic approact distance  epace vehicles with large hyperbolic approach
velocities (1R BDO ft/sec) reve giswances -f closest approach {altitude
of tue hyperbola verex) n.gher “hai ine osiez*ed altitude for retro-
thrust iaitiatior. Mo analyeis os perfirmed to determine ihe effects
of increasing ite altiivde above the selected value. On the basissof
the aralysis conducved it wae ronlided “tat a common aIL:fude.simplln
fication couid cot ke used for ALt iaT.ng the retrothrust maneuver in-
/dependenf of tte nvperant ¢ mppriace ve veitiesg occurring w.thin the

range considered.
It was tren decided that the aitivide for beginning the retrothrust ma-

neuver should be a turction of wne tvperbniic approach velocity, The

altitude ‘for each v perb.lic appreecr ve.oi ity was selected as presented
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T e e A Mo SR, M 3 A WL,
A DIVISION OF NORTH AMERICAN AVIATION. INC [

in a previous section and plotted in Fig. 3-78 . The results of this

method of orbit establishment appear favorable for affecting an inter-

mediate orbit about Mars.

The periapsis and apoapsis distaﬁces of the resultant intermediate
orbits are shown in Fig. 3-82 along with the altitude and retrothrust
burning time for this technique of orbit establishment. The periapsis
distance varies between approximately 250 n mi and 400 n mi. However,
“the apoapsis distance varies betfveen 300 n mi and approximately 1000

n mi as a result of this simplification.

,

For the selected asymptotic approach distance, and the dependency of

the total impulse upon Mars hyperbolic approach velocity, the largest
deviation between the intermediate‘orbit and final orbit parameters
occurs for the highest hyperbolic approach velocity (18,800 ft/sec) of
the l-month period of Earth orbit departure dates. Thus, the maximum
total impulse required of the second stage will be the sum of the total
impulse for establishing the iﬁtermediate orbit when the vehicle has a
hyperbolic approach velocity of 18,800 ft/sec and the total impulse to
change the resultant intermediate orbit into the final orbit. The mini-
mum second stage total impulse requirement will occur when the hyper-~
bolic approach velocity of the l-month period ie a minimum (13 700 ft/sec).

At this approach velocity the intermediate orbit actyally corresponds to
the final orbit (Flg 3-82 ),

For the constant retrothrust maneuver, additional analyses could be

conducted to determine the variation in resultant orbital pParameters with
changes in the delivered total impulse for a particular hyperbolic .
ap;roach velocity. Some total impulse different from the assumed value.
may be determined that would give better intermediate orbital parameters

than those of Fig. 3-82
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If this type of orbit establishment propulgion maneuver is used, the
midcourse propulsion/guidance systems mﬁst establish the asymptotic
approach distance. The terminal guidance and control system for an
intermediate orbit establishment would consist chiefly of a radar
altimeter to Qetenmine the altitud@ for initiation of the retrothrust .

maneuver,

Intermediate~to-Final Orbit Maneuver. In previousAparagraphs, discus-

sion has been presented pPertaining to establishing an intermediate orbit
which later could be corrected to a 300 n mi circular orbit. Because,
of the inaccuracies in the Mars orbit establishment maneuver and because
of the variations in the intermediate orbits due to the change in the
Mars approach hyperbola, the actual orbit established may differ con-
siderably from the desired 300 n mi orbit. It is therefore desired to
- correct this intermediate orbit to the 300 n mi circular orbit recom-

mended in this study.

<

Figure 3-83 represents the impulsive ideal velocity requirement to
transfer from a Mars elliptical orbit to a 300 n mi circular orbit. A
minimum-energy two-impulse transfer was used in evaluating the velocity
requirement. In Fig. 3-83 tpe ideal velocity requirement is plotted

vs the ellipse perifocus distance for various apofocus distances.

To use this figure read up from the orbit-perifocus distance of the
intermediate orbit to the line corresponding to the apofocus distance
of the intermediate orbit; then, read across to determine the total
impulgive ideal velocity increment required to transfer from the inter-

mediate orbit to the 300 n mi circular orbit.
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No integrated tr;jectory propulsion maneuver analysis was conducted to
determine the increase in velocity increments for actual propulsion
systems performing this change from the intermediate orbit to the final-
orbit. HoweVer, analyses conducted for Earth orﬁit changes, indicate
that for a Mars orbit change propulsion maneuver performed with a thrust-
to-(Earth) weight greater than approximately 0.2, the actual velocity
increment will not be appreciably larger thén the ideal velocity
increment.

The largesf velocity increment to change the intermediate orbit to the
final orbit occurs for the highest hyperbo¥ic approach velocity of the
range considered (13,700 to 18,00 ft/sec). From Fig. 3-82, the inter-
mediate orbit for the 18,800 ft/sec hyperbolic approach velocity has a ’
400 n mi periapsis and a 10,100 n mi apoapsis. The velocity increment
(Fig. 3-83) to change this orbit to the 300 n mi circular orbit is ap-
proximately 875 ft/sec. For performing the M;rs mission with an inter-
mediate orbit concept, the second stage propellant capacity must be

large enough to provide this additional velocity increment.

VARIATIONS IN PROPULSION SYSTEM,
VEHICLE AND MANEUVER PARAMETERS

Many factors affect the payload weight that can be placed in a Mars

300 n mi circular orbit for a vehicle with a fixed initia& gross.weight.
Some of the propulsion system parameters that affect payload iﬁ%‘the
specific impulse of the stages of the vehicle; the thrust level of the
stages; and the structure weight or inert weight of the stages. .The
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siguif.cance of trese parameters w.:! ve analyzed in more detail for
resunltact xar.a-.. u .n tre payload ef a space vehicle with an initial

gross weight of 354 000 1b  In‘e vewicle corresponds to the payload

‘placed 1n a 300 o mi Earth rro t bv a Nova H-6 vehicle. g

r

In a previous sectivn, a constant thrast, retrothrust program for

direct orbit estsblishment wae described (Fig. 3{7é ) The asymptotic
approact d]SﬂnLQt; ard '7ne wiz.twde tor rhrust initiation were func-

1.8 of the Lypertoiic appy seCe v-locity., IThis type of trajectory

las been .sed for the analyses of tne effect of parametric variations on
the establishment of a Mars 300 n mi circular orbit. Although the analyses
are for a direct (ro.t establishment maneuver, and an intermediate

Orbit maneuver ¥as teei rvesvmmerded tuir teis mission, it is believed

trat toesge st Gies fi7 direct rv5in es*obiistment will be indicative

of resuits tu be especited for *rne recummended maneuver.

Staging

For eval:ating some ¢f tpbe prepailsien system parameters, the 354,000 1b
vehicle wil) be c:ore.dered as B Tv) gtage venicle {Fig. 3-8% ). one
stage for eecaping e Errtt 3% and es wtl.shing the heliocentric
travsfer trajeoigry; and a second etage for establishing the Mars

orbit. Thie assuﬁptleg deee net prevent inciusion of another stage

(nr even parallel staging) as a par® cof the payload of the second stage.
A restart «f the second stage " or an sddit.onal stage) required to change
the intermedinie cri o inte tre fiual croit will reduce the indicated

paylvad into tke fipal croir by tae weignt of this additional propulsion

requirement (see Fig, 3-10).
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GROSS WEIGHT : 354000 L8s.

4
"PAYLOAD 37,240 .BS.
, STAGE TwOQ:
Thrust 30,000 .85 ( CONSTANT)
Propeflants : Lo,/ LH,
Propellart Tarks
DESIGN CAPACITY LOADING VYARIATIONS
LO, ¢ 12,830 LBsS 12,830 -~ 8,330 L8BS
: LH, 64,150 .B5. % i%50 -~ 41 (50 (8s
PumP Fed
STAGE ONE :
Thrust ! 150,000 L BS. (consTaNT)
Propeilants : o, /LH,
Propellant Tarks
CESIGN CAPACITY LOADING VARIATIONS
Lo, 39 250 LBS 35,130 - 39 250 L8s.
LH, . 196,250 LBS. 175650 - iI96.2506 L8S.
Pump Fed

Figure 3-84. Nominal Two-Stage Vehicle for Mars Orbit Mission

T

' -
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Stage and Propulsion System Weights

Some vehicle considerations that affect the payload weight into the

Mars orbit are the structure weight of the tanks, the engine system
weight and other inert weights 6f the stage. These weights can be ex-

, pressed in terms of a propellant fraction. A propellant fraction £0.915)
for each stage has been assumed throughout most of the study. To in-
vestigate the influence of the chogen propellant fraction upon the pay-
load weights, two other propellamt fractions have been considered. The
results are plotted in Fig. 3-85. The payloads are for a situation where

hoth stages are assumed to have identical propellant fractions.

In Fig. 3—85 the first stage propellant fraction has been retained as
0.915 and the second stage propellant fraction results from various
propellant combinations within the range of specific impulses considered
.for the second stage of the space vehicle. For a more precise calcula-
tion of the effect of inert weight, (i.e., structure weight, engine
weight and other weights that are not directly payload) an analytical
design study was performed and is presented in Section III. Using this
information payloads are indicated in Fig. 3-85 and 3-86 for a mission
begun on 30 November 1964. The results of the analysis indicate that
the 0.915 propellant fraction selected as the nominal value for the

[ J
studies of the Mars mission was only slightly too high. Thus, the selec-

i tion of a nominal value of propellant fraction for this study is

Justified,

Specific Impulse

From the cryogenic propellant storage analysis, storage of liquid oxygen/
liquid hydrogen is:feasible, and desirable from a performance standpoint,

for the Earth escape’stage. Thus, for the parametric study the fi¥st™
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FAVICAD WEIGHT, POUNDS, X 10~
(DELIVERED INTO MARS LOWALTITUDE CIRCULAR OREIT)

N TWO STAGE VEHICLE

STAGE OME : EARTH ORBIT DEFPAR TURE
STAGE TWO: MARS OREIT ESTAEBLISHMENT

. A8+ -
4 INITIAL GROSS [/E/G6MHT @ 354.000L 88
'.‘6..--.:4.__. ! - -
. ‘4 - . —
421 - SECOND STAGE .
SPECIFIC
IMPULSE
46 4- - - Z, = #£40. - —
35_-.Mwéw _;;.IEOK.» -~ - .
i
344 -
i
34— . -
3o - -
284 . _
26 f CONSTANT TANGENTIAL
1 7 THRUST PROGRAMS
. 320
a4 | B2l FIRS F STAGE. o
_ SPECIFIC TMPULSE =420 SEC
2ol vo0/ - - . PROPELLANT FRACTION =0.9/5
- : : ASSUMED FOR EACH STAGE
204 L e e = L

3% & /b /5 2o % {,
P 1 &) O N , U

T B &k ¥ & § 3
. 4 /764

g WlAUNCH DATE

Figure 3-87. 200 Day Mars Transfer
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The stage weights of the nominal two stage vehicle are identified to
exemplify.the effect of the thrust of the stage upon the stage payload
that can be realized. For the first stage, a thrust level of 150,000

1b (for the nominal value of the 354,000 1b space vehicle) was recom-
mended in Phase 1 of the study. If the inttial gross weight of the
vehicle increases much beyond the 354,000 1b nominal case, the velocity
requirements increase and the percentage of the payload to gross weight
begins to drop off, An increase of up to 650,000 1b initial gross
weig%ﬁ shows a decrease in performance of less than 1 percent below that
obtained using a higher thrust level of 300,000 1b. As the initial gross
weight decreases, the inert weight'assumes & more predominant role and
the obtainable payloads/gross weight first shows a slight gain; then
begins to decrease. This means that the 150,000-1b thrust is not exactly

optimum=*for thke vehicie, but is extremely close to optimum.

As previously mentioned, the second stage with its long transfer times
has a strenuous propellant storage requirement. This requirement is
such that the insulation weight required to maintain the cryogenic,
liquid oxygen/liquid hydrogen propellant combination may decrease its
payload capability so that a system using storable propellants would

be more desirable. Pre11m1nary congideration of this problem (Section
III) indicates that for the nominal vehlcle slze or a larger vehicle,
the liquid oxygen/llquld hydrcgen comblnatlon would be desirable. For
vehicles much smaller than ‘the nominal, the storable propellant combina-

tion begins to be attractive. }

For the second stage of the space vehicle a thrust level of 30,000 1b
was recommended for the nominal case. Again, the percent payload to
initial gross weight of the second stage shows peaks for each thrust
level when plotted as a function of the 1n1t1a1 gross weight of the

second stage.

3-223 : R-3208
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The curve for a thrus® level t 20,000 ib peaks at about the stage weight
of tre csampie .sed. Howeve:r 98 nuted from the curves, an increase

in perfermance 1s realized us ng tue recommended 30,000-1b thrust level.

Irrist Magnitude
~

i

One of the prav..s(.u svetem parameters that ﬁay vary for the retrothrust
MAre Gver, L€ te Lhrus?Y magriiide. Tte pgopolsion system may not operate
at 1he pnominal design thrist levei. lhas, it is of interest to determine
anv deleterious consequences upon the resulting orbit about Mars. Thé
variat:oen in toe thrust level causes different effects depending upon
tre tvpe ol retrotreagt manesvey termination employed. If the guidance
and contro! svstem ¢ progr-med T gt p the' retrothrust mapeuver after
a seletted perizd .f ¢ me v soeltant otblt will vary accordingly
Frg. 3-90 ).

However. a stage deeigeed %o provide a given velocity increment or

fixed terol mp.tse iJ[ ?; evminats wpup depletion of stage propellant
weight) wonld ©» recommerded. 1he orbiral deviations from this termina-
tion maneuwver are presented in Fig. 3-91 . The major axis of the re-
éulting orbit changes-by less then 100 nmi 'f the propuision system
operates at a thrust deviatiou as large a8 *i.5 percent of t&? nominal
30,000 1b. Althougn trle invesgT goll.l was conducted for a 1;£nch date
of 30 November 1964, it is believed to be representative of the results

that would be obtained for ciher launcr dates during the 1964 period.
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124

Trans fer Time ’

In addition to the propulsion system parameters, the transfer time be-
tween the Earth and Mars plays an important roles in the payload magni-
tude. As discussed previously a 200 day transPer has been recommended
as the nominal: This transfer time does not yield the largest payload
capability for the 1964 departure period (Fig. 3-92). Selection of 220
days would ameliorate the payload capability for this departure period.
However, recall that the optimum transfer time varies with the year of
departure, and is oscillatory about 200 days. Although the nominal has
been recommended as 200 days, the transfer time could be varied each
" favorable departure year to gain payload weight.

The payloads presented in Fig.'3—92 are based upon trajectories using

a constant retrothrust tangentially‘applied; A shift in the transfer
time would require additional analyses to ascertain the thrust program
and trajectory parameters for establishing the Mars orbit. The asymp-
totic approach distance and other parameters as presented in Fig. 3-78
for the 200 transfer time would have to be evaluated for each transfer
time. .

Ve

i,

Mars Orbit Selection

Most of the orbit establishment studies have been based upon a 300 n mi
circular orbit. Obviously, less payload can be placed in a 300 n m

circular orbit for a particular hyﬁerbolic approach velocity than can

- be placed in an elliptic orbit with a perigee of 300 n mi.
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To determine just what effect the shape of the Mars orbit will have on
the magnitude of the payload, a study was conducted for a representative
“launch date (30 November 1964) for the nominal vehicle. The orbit estab-
. lishment maneuver used constant retrothrust applied tangential to the
trajectory. The retrothrust maneuver was initiated at the altitude for

establishing a 300 n mi circular orbit as presented in Fig. 3-78

The variable in this analysis was the second stage propellant weight.
Off-loading of second-stage,propellant from that required to establish
a 300 n mi circular orbit decreases the burning time; thus, the re®
sultant orbit deviates from the circular orbit. The resultant orbital

elements are presented in Fig.

As much as 8000 1b payload can be gained by off-loading this identical
amount of second-stage propellant without a signific;nt change in the
perigee altitude of the 300 nmi. The apogee altitude and the eccen-
tricity of the resulting ellipse do change appreciably, as shown by the
curves plotted in Fig. 3.93 . Depending upon the nature of the Mars
orbit mission for an instrumented vehicle, significant gains in payload
can be obtained in this manner by accepting an elliptical orbit instead
of a circular orbit. This, of course, will depend entirely upon
whether or not the apogee distancés and eccentricities are compatible

with the goals of missien.

A VEHICLE DESIGN FOR LAUNCHING DURING A
1-MONTH INTERVAL OF DATES FOR THE 1964
OPTIMUM LAUNCH PERIOD

The preceding plots of payload vs launch date assumed space vehicles
(departing an Earth orbit) to be specifically tailored to the propellant

and velocity requirements of each departure date. It is re commended

3-229 R-3208
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that a vehicle be designed such that it has the capability of being
launched any time during a‘l-month interval of launch (Earth orbit de-
par%ure) dates without extreme deleterious effects upon the payload
capabilities of the vehicle. Actually, this means designing propellant
tanks of each stage large enough to accommodate the maximum propellant
" volume required for any of the launch dates throughout the l-month
interval. During the 1964 period of launch dates,san interval of

30 November 1964 to 30 December 1964 has been(selbcﬁed because the

launch date for maximum payload occurs during this interval.

The propellant tanks of the Space vehicle are designed for the maximum
volume expected for any launch date during this period. The maximum
propellant requirements of the first stage occurs on 30 December 1964
(Fig. 3-55 ). The structure and tank size for the first stage will
be designed for this propellant loading and its required residual pro-
pellants. The second stage of the space vehicle, the stage for estab-
lishing the Mars orbit has'a max;mum propellant requirement on the

30 November 1964 departure date (Fig. 3-58 ). Thus, the second stage
tank size will be designed to accommodate the propellants required for

this maximum value.

This design approach reduces the maximum payload for any given date by
the difference in design tank/structure weight over the minimum tank/
structure weight tgﬂﬁatisfy the propellant requirements of that depar-
ture date. Thus a penalty is paid in the "theoretical" payload of a
vehicle by designing the stages according to this method. (The word
theoretical is introduced here to indicate that in subsequent para-
graphs discussion will be presented to show that this so-called payload
loss is meaningless when other factors of a 1-month launch period are
evaluated.) Figure 3-94 shows the 1oss in these theoretical payloads

as a function of the launch date.
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An interesting aspect arises when a space vehicle is recommended as
applicable to any departure date from an Earth orbit within a specified
interval of dates. Specifically the problem is this; how can the “pro-
pellant loadings of each stage be changed to the requirements of a particu-
lar launch date once the space vehicle is in an Earth orbit awaiting a
departure. The easiest solution to this problem is to suggest that the
«vehicle be placed into the Earth orbit imﬁedi%tely prior to departure.
Thus, the proper propellant loading could be accomplished on the ground.
However, the boost-to-orbit trajectory, consistent with the recommended
proper inclination of the geocentric parking orbit, may seQerely reduce

the 354,000 1b initial gross weight of the space vehicle.

A possible alternafive that warrants detailed evaluation (beyond the scope
of this study) would place the vehicle in a 28.5 deg orbital plane prior
to Earth orbit departure. This 28.5 deg inclination plane could be
changed by some plane éhange propulsion maneuver to achieve a desired
geocentric orbit plane inclination during the time interval between Earth
launch and Earth orbit departure. If the geocentric plane change maneuver
requires slightly more or less time than allowed between Earth launch

and Earth orbit departure, the propellant requirements of each stage
change accordingly.

As indicated 1, Fig. 3-95 the shape of the curve of the total propel-

lant weight consumed by the combined two stages for the mission is prac-
tically flat. (The second stage propellant weights are for a Mars orbit
establishment manéuver as described in Fig. 3-78.) This suggests the possi-

bility of loading a fixed amount of propellant on the space vehicle prior to

-
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4

orbit establishment (utilizing the recopmended tank design) adequate

to perform the mission for any departure date of the interval. The
tanks of the stages might be interconnected to permit shifting of
propella;ts after the vehicle is in a geocentric orbit. Regardless of
the particular departure date the required propellant loadings could be

secured for each stage.

According to. Fig. 3-94, a space vehicle will have a varying payload
capability which is a function of the launch date. (The payloads are
computed using trajectories as described in Fig. 3-78.) This payload
capability variation is a direct function of the energy requirements.
The payloads presented in the figure must be recognized as theoretical
payloads only, if one vehicle 1s designed to be launthed on any date during
the period. To be realistic about Payload weight, a nominal value must
be selected for the interval of launch dates which necessarily could be
the minimum va lue during the period. Otherwise, continuous changing of -
the payload package would be required when thg launch date changes. It
is impractical to vary the payload weight of a particular vehicle during

the month interval.

Realistic payloads must be accepted as the lower limit if a particular
vehicle is to be capable of geocentric orbit departure any day during

the period. From Fig. 3-9% the payload would be selected as approximately
37,240 1b. Any difference between the theoretical payload as shown by the
curves and an actual payload could be fesidual propellants in the second
stage.. This amount of residual propellany}.cqyld be used for maneuvering

the vehicle once it has established the 300 n mi circular orbiti

3-235 R-3208
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1t 18 of prime interest 1., consider designing a vehicle that could be
used for more than cne particr.lar mission or for one particular launch
date. The design of this nomiwal venicle Las been shown to be capable
of lTaunch during a l-month ivte¢rval of launch dates during the 1964 opti-
mum period for a Mars transfer. A similar optimum time occurs for launch-
iﬁnﬁﬂ Mars trawefer ven ¢ie during a period encompassing December 1966
anu"January 1967. 1lhe nomioa! veticle as designed for the 1964 launch
period has been anaivzed for ts edaphability to the 196& departure
perad Ibe  dentica) veticie an iritial gross weight of 354,000 1b)
with both steges designed as recommended for the maximum propellant
loadings of the 1964 launch period has been used.

During the 1967 .ntervel -re energy requirements are somewhat less than
the 1964 1nierve!l. Trneref,re Fig. 3-9b shows a gain in theoretical
psyload for a Mars mieslon. A simii.r acalysis could be conducted for o
vther optimum departure per:ods. Other optimum periods have not been
considered for inclusion in this report. Launch date in 1969 could also
be considered. However, for trhis nominal vehicle it is believed that
only the pay!oad curve wouid st”ft, assuming 21l manenvers were the

same . ’ '

R,
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using one stage over the other for the orbit establishment are a result
of a more optimum distributidn of ideal velocity requirement between the

two stages involved.

g,
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LUNAR LANDING AND RETURN MISSION

-
'

The study‘of any propulsion é}stem must necessarily involve an analysis

of the mission which the system is to accomplish. The large number of
maneuver alternatives which are possible to accomplish a space mission
require that these maneuvers be investigated in detail to fully exploit
the potentialities of the propulsion system. Figures 3-101, 3-103, 3-112,
‘and 3-114 show the wide variety of maneuvers considered step by step for
the lunar mission. The shaded areas on the figures represeqt the maneuvers
and thrust profiles selected. The following sections conta{; descriptions
of these selections, the reasons for their choice, and brief analyses to
indicate the effects of system errors on the maneuver termination
conditions.

The three major divisions are EKarth-Moon transfer, lunar landing, and
Moon-Earth transfer. ILunar landing embraces a particularly wide variety
of alternatives which very strongly influence the propulsion system
design parameters. This section has been subdivided into two areas so
that actually two lunar missions are presented; the landing and return

of later manned vehicles.

Considerable use has been made of analyses performed in Phase 1, but
further trajectory simulations and analyses (particularly for the land-
ing maneuver) have been added to provide more complete coverage of the

possible maneuvers.

5-259 R-3208
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INITIAL CONDITIONS ' . -

The starting point considered for the lunar mission was a 370 n mi orbit
around the Earth, A des;ription of the trajectory assumed to have placed
the space vehicle in this orbit is given in a previous section. The use

of a parking orbit,.although slightly more costly in propellant expenditure
than the direct transfer, greatly alleviates the restrictions on launch
time and position to accomplish a given lunar transfer trajectory. These
réstrictions are discussed at length in Ref.lb which describes the limits

of the direct transfer trajectory.

An altitude of 300 n mi was selected for the parkirg orbit as a piausible
compromise between increased propellant requirements and Van Allen belt
radiationehazards in high altitude orbits, and orbital perturbation and
decay in low orbits. As the orbit height increases more propellant is
required to place the vehicle in orbit. In fact, the very high:altitude
orbits require ﬁore propellant than the escape mission, .On-lhe other
hand, reports such as Ref.17 indicate short lifetimes for the lower
altitude orbits., The height selected for the parking orbit is higher
than that required by the reference if only a few passes of the vehicle
are ﬁ@ééggary to obtain the correct aligmment prior to transfer. However,
the extra propeliant requirement for a 300 n.mi (compared to a 100 n mi)
orbit is small and the orbital buildup and long stay capabilities are

thus ensured.

3-256 - R-3208
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Figure 3-101 shows the possibility of including am orbital plane change
at this point. Although such a maneuver would reduce launch time re-
strictions it involves, genefally, a rather high propellant consumption

(velocity increments in the order thousands of fps) and was therefore

not included.

)

TRANSFER TRAJECTORY

A 2.6 day transfer trajectory was sclected based on considerations of
propulsion requirements and crew requirements for manned missions.
Increased trip time is beneficial to the gross payload capabilities of
the vehicle because the lower velocity requirements result in less
propéllant consumption. This is shown in Fig. 3-102 where the upper
curve represents the above mentioned gross payload. Further considera-
tion must be given, however, to the effects of trip time on other param-
eters, For example, the life support system weights discussed in a pre-
vious sec&&gn increase linearly with trip time for durations encountered
in typical‘lhnar missions. This weight is indicated as the difference
between the upper and middle curves of Fig. 3-102 and is seen to have

a small effect on usable payload for the lunar missions.

A far more significant factor causing reduction of the net payload is
the radiation shield requife@ent for manpned and other radiation éensi«
tive payloads. The lower dashed curve shown indicates the drastic re-
duction in useful payload because of the use of shielding. The curve
1s dashed because a constant shielding weight was assumed ang- beesuse

of the relatively uncertain requirements for shielding (p 2-330).
[
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The shielding weight frem which this curve was derived was based on an

average trip time and is presented only to show the magnftude of the

payload loss rather than any time dependence. In actuality, more

sh1eld1ng may be required as the trip time increased. First, the con-

fidence level of solar flare predictability decreases as the duration

to be predicted increases. Second, the probability of encountering a

arger flare during flight increases as the flight time is extended. e
Thus, if the shielding thickness were based on an arbitrary probability
(e g.-, 99 percent) of rece1V}ng less than a spec1f1ed dose of radiation
during the trip, it is clearjthat the shield weight would be a function
of trip time. Although more research must be accomplished before this
function can be determined, the result of the increased shielding would
be a peak in the next payload vs trip time curve. The 2.6 days used
throughout this analysis is, titerefore, not to be considered as a rigor-
ous recommendation but rather a probable valué of trip time.
A tangential thrust program was selected, based on simulated trajectory

analysis, as the most economical with respect to prope'llant consumption.

The complete optimization of a midcourse correction program is a problem
area concerned more with guidance equipment than with propulsion systems.
Thus the” investigation was centered around a literature study and the
conclusions drawn are based primarily on the data and information

itained in Ref. 3 |, 4 , 5 , 6 , and 7 %These references indicate
propu131on system velocity increments in the range of 25 to 200 fps. |
Both optical and radar sensing systems were considered, and single, dual,
and triple corrections were evaluated. Errors in velocity and position
of the vehicle as it approaches the moon as low as 3 fps and 1 n mi
respectively are claimed. The small magnitude of even the most pessi-

mistic velocity requirement indicated that further study of this pﬁase

3-200 R-3208
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was not necessary in this effort. Therefore, the relatively high value
of 150 fps was assumed for the outbound midcourse correction and should
be adequate for most guidance system requirements. The magnatude of
the return mldcourse correction was also assumed to be 150 fps.

14
A continuously applied correction using a low-thrust engine is possible,
however the literature on the subject indicates that the demands of
the guidance system have not yet been formulated. Furthermore, the
subsequent propulsion system analysis indicated that the incremental
propulsion systém would also be applicable to other phases of the

-mission and was therefore used for midcourge propulsion.

LUNAR LANDING

Direct Landing

The maneuvers considered for landing are shown in Fig 3-103. The shaded
areas represent the recommended method of accomplishing the direct

landing. e

The early lunar missions may take the form of unmanned trajectories to
serve as practice shots +to test the early models of the propulsion,
airframe, guidance, and other systems and also to accomplish scientific
and engineering experiments on the lunar surface. ‘The required landing
CEP for these missions would therefore be quite broad (Ref. 19} since
only a general obstacle-free area would probably be targeted and the
restriction of landing areas available to this maneuver would be of

little significance. To minimize guidance demands for these early

3-261 R-3208
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mission, a simple vertical descent landing following the sequence shown
in*Fig. 3-103 is recommended. This would require that the guidance sys-

tem merely establish the local verticual, and measure the altitude to

-determine the time of thrust initiation. Reference 23 concludes that at

the altitude where retro-thrust would be initiated, 1 percent accuracy in
altitude measurement is possible if an optical horizon seeker were used
for this purpose as well as for establishmenﬁ;of'the loéal vertical axis.
Ho;ever, this accuracy would be improved by a f;ctor of 10 by use of
radar. Therefore, the system was assumed to use an optical horizon seeker
to establish the vertical, and a radar sensor to determine altitude and
descent rate. A constant-thrust restartable engine having a specific

impulse of 420 sec was assumed for the trajectory study.

The analysis was begun by determining the altitude above the moon at which
retro-thrust must be initiated (based on a 2.6 day transfer) to result in

zero velocity at the lunar sunface.

To simulate this maneuver the vehicle was flown vertically from the lunar
surface, with the mass increasing with time. Figure 3-104 shows the re-

sulting firing altitude as a function of the initial thrust to (lunar)

weight ratio.

To ensure safety in the landing maneuver the possibility of errors in the
velocity and al$atude measurements was considered. Figure 3-105 shows
the altitude at which the vehicle will reach zero velocity if the firing
altitude and velocity were 0.1 percent high and low, respectively. In-
cluding the possibility of this error in the design the vehicie is then
targeted for this altitude, the result being‘that the vehicle will reach
zero velocity at an altitude between zero and twice that of Fig. 3-105

for combinations of errors in veloeity and altitude up to 0.1 percent.

3-2603 R-3208
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4

The magnitude of the burnout altitude resulting from measurement eyror
at firing indicates that further propulsive maneuvers will be necessary.
One possibility is that the vehicle free-falls to some altitude where
the engines are restarted; another 1s thaﬁ the engines are throttled
and the vehicle falls at a smail constant descent velocity; a final
\glternative is to reduce the thrust to some low level (F/W determined
by first phase burnout altitude) and maintain this thrust level such
that velocity,would buildup and then decay to zero at impact. Figure 3-106
shows the propellant-requirements of thié final descent for the three
maneuvers discussed above. The consumption is expressed on this graph
in terms of the ratio of the propellant burned during the final leidown
to. the gross weight at the beginning of this period (or, equivalently,
at the end of the ?irst burning phase). This figure indicates the low
propellant requirements of the cutoff and reignite maneuver compared

to the others. This advantage‘cbupled'with the absence of throttling
requirements led to ihe selection of this maneuver for the final
descent phase. The principal disadvantage of this maneuver, namely .
the restart capability requirement, necessitates that the engine have

a high starting reliability especially if the maneuver were used as
part of a manned mission. (A discussion of a trajectory more suitable
to 1qgging manned payloads will be found in the next section.) The
following discussion presents some aspects of the cutoff and reignite

final descent maneuver.

Assuming that the worst conditions prevail, the vehicle will be at an
altitude of twice that ghown in Fig.3-10 with zero velocity at the end »7 ™
of the first burning phasé. It then falls to an altitude at which

the engines are restarted, resulting in zero velocity at the ground.

3266 R-3208



TH AMERICAN AVIATION INe

—_— ~—— mm a. A A X ieRx—

4 DIVISION OF NOR

{
i
-

M/y 9seyq TeTITUL SA
38®vYyq Furpuw] puooag Butang uo13dumsuoy jueyradoayg ‘901-¢ dand1yg
M/d aeung

. y } — g — e -
— .ﬂ.n.,ﬁ B IR v ! % .
| iR L ﬂ 5 i
B T IR |

N I el ! B S .
! __ e PO g ! M |
i . i ! 1

b
B ’ :
bt Ty _ | F_,.
- ! n _- »_ ... |m. N
—- | % m | w 1 7 B W_ | “
1 IR B T
R BN | R
T ALINDISY §Tdjolnpii T
]IHWdMﬁ.dvEQ LS NG = 4— R
Ao} g Pkt i -

_.iﬁf x:wod\_’ LNY
- ~ 1 {

) gl i !% -+
. |

¢ {
R 1 : ! I
t t & “ 1 . i
T T NS R
P f I ok

R-3208

3-267

"M SSoudn/cqp quepredoay




A DIVISION OF NORTH AMERICAN AVIATION, NG

This altitude is a function of the thrust, weight ratio and altitude at
first-phase burnout. Figure 3-107 shows the time required to fall to
the second fiting altitude as a function of thrust-to- (lunar) weight

ratio at the beginning of the first firing phase. Figure 3-108 shows the

altitude at which the second firing is initiated.

wain, the effect of measurement errors musti be considered, Fjgure 3-109
gives the altitude at which zero velocity occurs if the éeg&nd firing
altitude and ;elocity,werq again 0.1 percent high and ]ow respectively.
Designqu the possibility of this error into the =ystem will result in
the maximum second burnout altitude being twice that shown in Fig. 3-109,
This altitude is low enough so that the vehicle can free fall aqd not
tmpact with a large velocity as long as the initial thrust to welight
ratio is sufficient. If a limit is imposed on the impact velocity it
follows thit a lower Limit will be placed on the initial thrust-to-
welght ratio. Examination of Fig. 3-109 and 2-130 results in the con-
clusion that if an impact velocity of as tuch as 20 fps could be
tolerated then the initial lunar landing thrust-to- welght ratio is
restricted merely to values above 0.75 lunar g (0.12 Barth g). This

1s, in reality, no restriction since mass ratio optimizations will

result in a thrust-to-weight ratio appreciably higher than this value.

Figure 3-110 shows the total mass ratio required for both maneuvers based

en a specific impulse of 420 sec, and indicates a slowly increasing mass

vae

'.atlo requirement down to thruqt /welght ratios of approximately 2. Below

this value the mass ratio begins to rise rapidly because of the prolonged

burning times and large error possibilities.

3-208 R-3208
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EARTH ORBIT RENDEZVOUS MISSION

By contractual agreement, the major efforts of this study werc devoted to
the Mars and lunar missions. Consequently, the rendezvous analysis wés

directed toward a single mission: one contac¢t im a 300 n mi orbit, with
}rovision for plane changec Wivile this mission is typical of rendezvous
requirements, the conclusions could be affected by significaPt variations
in such parameters as orbit height, gross weight, number and position of

contacts, and relanding requirements.

TRAJECTORY ANALYSIS

Many techniques are available for the accomplishment of the rendezvous
mission as suggested in Fig. 5-97 . GSection 2-3 of the report indicates
that the propellant requirement for establishing rendezvous with a non-
evasive target in orbit is only slightly greater than the requirement

for placing the vehicle in the same orbit without rendezvous considera-
tions. In this study; it is assumed that the rendezvous is to be used

for such purposes as orbital buildup, space s[ation supply, etc. The
maneuver selection is to be based, thercfore, notxs?imarily on propel-
lant consumption optimizations, but rather on the demands which the maneu-
vers place upon the éngine and guidance systems. Fmphasis will be given
fn the effects on engine parameters, but results of the literature search
of Phase 1 concerning guidance requircments will be included and considered

where applicable. *

The basic trajectory is presenled in Fig. 3-9¥ | and the maneuvers are listed

in Table %5-11 . The ascent suggested is the conventional vertical rise,

3-238 R-32038
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TABLE 3-11

MISSION TRAJECTORY MANEUVER PHASES

Powered Booster Phase

Coast to Orbit

Powered Orbit Injection Phase

Orbital Coast Phase

Powered Plane Change and Rendezvous Intercept Phase
Powered Rendezvous Closing Phase’

Powered Retrothrust Re—entry Phase

Powered Re-entry Correction Phase

Aerodynamic Re-entry and Landing

3-241
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kickover {veloi1tyv vector rotation) and thrust-parallel-to-velocity
% maneuver. l'his continues until dynamic pressure decays below a predeter-
| mined value based opn drag and missile structural considerations. At this
point. thrust 1s applied at a constant angle with the local horizontal
unti1l the vebicle position and velority vectors are such that thrust is

terminated and the vehicle coasts to the desired orbit height.

’

At the apogee the vehicle does not possess sufficient velocity to follow
the orbrt desired. and further thrust must be applied. In general a

. Pplane change 1s also required. This 1s most efficiently accomplished by
launching so that the vehicle crosses the target orbit plane abouﬁ a
quarter revolution after launck. For circularization of a 300 n mi orbit
and a 5-deg plane Changé the velocity increments are 450 and 2200 fps,

respectively. The apogee and iutersection points are generally not coincident.

Three aiternatives present themselves at this point. The booster engine
may be reignited at apogee to provide the circularization velocity incre-
ment and again to provide the plane change 1ncrement, leaving only a small
residual cTosing velos1ty (approximately 100 fps) to be counteracted by the

space engiue ‘Sacondly, the booster may provide the circularization velocity

3 while the space engine accomplishes the plane change and rendezvous. As a
final alternative, the space engine may be vsed to provide propulsion for
circularization plane change and rindezvous The factors to be considered
ih deciding which alternative to pursue are payload, reliability and guid-
ance requlrements, .

[he payload capabilities of the latter two methods are compared in an
example given as the appendix of this section where 1t 18 concluded that
allowing the spsce engine to perform more of the mission results 1n a

slight though not t:o si1gnificant pavlead 1ncrease due to more optimum

3249 R-3208
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staging conditions. The payload resulting from the first alternative
would be smaller than those of the latter two due to the even further
off-optimum staging. The third alternative appears slightly more de-
sirable from a payload standpoint,

The number of starts of each Propulsion system are tabulated below for

each of the alternative staging configurations.

o

Starts ’
Staging  Booster Space Engine
I 3 - : 1%
15 G 2 1%
I1I 1 2%

Thus, the first alternative requires four starts, while the second and
third require only three starts. Also, since the start-and-run relia-
bility of the smaller, storable propellant, pressure-fed space engine would
generally be higher than that of the large cryogenic, pump-fed booster
(Ref.lh), the reliability of the system employing the third alternative
appears to be highest,

-

Ve

Turning to the question of guidance ;;Etem requirements, the 300 n mi orbit
with 5-deg plane change may again be used as an example. The initial .
closing velocity (2200 fps) corresponds approximately to the plane change
velocity increment for all alternatives. The high thrust-to-weight ratio

(F/W) of the booster propulsion system used in the first alternative permits

-

*These are the minimum number of starts. The actual number depends on
propulsion and guidance systems design.

3-243 R-~3208
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target aquisirien and firing to be delayed until the separation between
the target and vebicle 1s in the order of a few miles. The low F/W

(0.05 to 0.2) required of the space engine for the final closing maneu-
vers dictates a target vehicle range 1n the order of 100 n m1 at target

aquisition. Based on Ref. 15 | radar sensors for this, range can be

~designed ;( an approximate weight of 50 1b . exclusive of bower supply.
14

In conclusion the maneuver employing the space engine for all phases

appears most promising from payloéh and reliability considerations, and

lies within the capabilities of guidance sensor devices.

Landing from orbit can be accomplished by providing a 500 fps deorbit-

ing velocity decrement. followed by aerodynamic re-entry techniques.

PROPULSION SYSTEM

Figure 35-97 presents several concepts of propulsion and guidance for the
terminal phase  Throttleable or constant-thrust engines are suggested,
and piloted and gurdance control are presented for selection.

The findings of the litetature search were that the type of control
(prloted vs automatic) does not greatly affect the propulsion require-
‘ents. Thus the selection of the type of control will be left to .

“other considerations.

Ibe advantages of both the throttleable and the pulsed engines must be
weighed carefully before deciding which 1s most applicable. The throttle-
able engine has the advantages of requiring only a single start; of pro-

viding fine control if deep throttling 1s used; and of having the

3244 - R-3208
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capability of applying high thrust under eﬁergency conditions. Despite
these advantages the fixed-thrust engine sysiem was selected on the basis
of its one primary advantage: simplicity. To avoid extremely deep
. throttling requirements the variable thrust system would have to employ
a two-engine propulsion system (Ref: 15 ). This would consist of a
relatively high-fixed-thrust engine and a lower-thrust level engine
capable of about 3 or 5:1 throttling. The complexity of this system would

result in lower reliability than that of the multistart fixed-thrust

engine.

When the selected system is used to rendezvous payloads of the Nova H-2
class vehicle, a fairly large propulsion system (approximately 12,000-1b-~
thrust level) results. This prohibits using the rapid pulsing sequence
employed by the low-thrust engines. Thus,.after accomplishing the plane
chénge and allowing a small residual closing veloéity, the system would
operate by applying a small number of relatively long-duration impulses
(in the order of 1 to 50 sec). The velocity increment imparted by the
impulses is shown in Fig. 3-99 . A brief analysis based on the tracking
and guidance accuracies of Ref. 15 indicated that four firing periods -
would be generally adequate to rendezvous at a closing velocity of less
“than one fps. Velocity errors due to cutoff impulse uncertainties are

insignificant when operating at this thrust level.

A three-axis attitude control system using twelve nozzles may be used
-

to control the vehitle orientation during the rendezvous phase and to

accomplish the final docking phase after the relative velocity has been

reduced to less than one fps by the main rendezvous propulsion system.

=205 R-3208
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Just as the maneuver’ selection was based on factors other than payload,
due to the small velocity incremfnt involved, so also is the type of
propulsion system dictated by such factors as simplicity and reliability.
Ref. 14 contains a table of reliabilities of engines of about the same
thrust level as that of the rendezvous engine. The variables of size,pro-
pellants, feed system, and pressure are included. The propulsion system
envincing the highest reliability was the small pressure-fed, storable
propellant system and was therefore selected as the rendezvous propulsion
systém. Selection of hypergolic storable propellants and positive expul-
sion tanks is also attractive from considerations of restart capabilities.
Table 3-12 describes the recommended rendezvous propulsion system. No
specific amount of propellant has been allocated for the landing maneuver
due to the wide range of possible requirements, i.e., from no landing
through landing the entire payload. Howévef, it has been calculated that
150 1b additional propellant would be required to deorbit and land the
empty stage with aerodynamic braking. The propellant requirement in-
creases to 4800 1lb to land the orbited payload.

OPERATIONAL ASPECTS

Significant to the efficient accomplishment of the mission are the opera-
tional methods employed. This is particularly so in the orbital buildup
missions. For example, if several payloads are to be joined in orbit,
the launch vehicles should bé identical when possible so that a separate
standby vehicle does not have to be available for each launch vehicle.
The same philosophy may also be;gxtgpded to the payloads (e.g., identical

propellant carrying tank configurations for orbital fueling).

3-24Z - R-3208
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TABLE 3-12

RENDEZVOUS PROPULSION SYSTEM

Payload, Ib

Propulsion System

s Feed System
"Propellants
Propellant Weight, 1b
Inert Weight, lb
Thrust. 1b

Restarts

92,800

Positive Expulsion
MON /MMH
28,400
3200
12,000
~ 3
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The significant quantity of propellant indicated in Tabl® 3-12 is due,

for the most part, to the plane change phase of the rendezvous. The 5

deg plane cbange capability is included, primarily to allow rendezvous

of any of five passes of a target satellite launched from the same site.
Operational considerations may allow reduction of this angle to 2 deg

or less and thus significantly affect the pPropulsion requirements.

Bo;ster recovery has received attention in the past, but should be further
emphasized for operations requiring many launches to complete the mission.
The long engine life of a liquid rocket propulsion system and the small

percent of the total cost involved in refueling the vehicle make recovery

quite attractive,

For rendezvous involving several payloads to be assembled by Man in orbit,
operational analyses would have to be carried out to determine the opti-
mum time (i.e., which launch) to place the man in orbit. Other opera-
tional problems occur which may be general, or applicable only*to specific
situations, but are of prime importance in the planning of any rendezvous

mission.
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APPENDIX A

STAGING EFFECTS ON ORBITAL PAYLOAD

-’

14
The trajectory used for establishing a low Earth orbit (a parking orbit

or a space mission) generally .includes a coast phase followed by a cir-
cularizing maneuver é[OpUlSLOH phase to add the final velocity needed

to establish the orbit. Tlhis flnai orbii establishment propulsion phase
can be supplied by reignitien of the last stage of the boost vehicle,

or 1t can be supplied by the first space stage, which would later be
reignited for the next propulsion phase. The performance of an example
vehicle was evaluated to 1llustrate the effects of these two alternate
approéchesh The vehicle selected consisted of an OQ/RP propéllant béoster,
"an 02/H2 propellant second stage and a space stage using MON/MMH propel -
lants. The misPlon selected for the vebhicle was the placing of a payload
into a 300 n mi orbit with the inclusion of a 5-deg plane change. The
boost vehicle will deliver 118,000 1b (space stage plus payload) to a

300 n mi Earth orbiv, and will deliver 124 400 1b (space stage plus pay-
load) to the coast phase of the parking orbit trajectory. After the coast
phase of a parking orbit trajectory, about 454 ft/sec must be added to,

the vehicle velocity to establish the orbit. Figure 3-100 shows the ideal
velocity requirement needed to provide the required 454 ft/sec of additional
cglocity as a function of the vehicle thrust-to-weight ratio at the initia-
'f}on of the orbit establishment phase. The data are presented for a system
having an Is of 420 sec, but would not be significantly different for a
storable propellant combination due to the small velocity increment. If
the second stage of the boost vehicle were used for this orbit establish-

ment phase, the thrust-to-weight will be high; for this vehicle about 4%.7.

. ’ -
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The space stage used for the Earth departure phasg will have a considefably‘
lower thrust-to-weight (about 0.1); however, Fig. 3-100 shows that this
lower thrust-to-weight will affect the ideal velocity requirement for orbit
estaﬁlishmentionly?slightly. A thrust-to-weight of 0.1 requires only about
8 ft/sec higher ideal velocity than a 4.7 thrust-to-weight. Even though
,\}he ideal velocity requirement for orbit establishment is essentially the
éame whether the 4.7 thrust-to-weight second stage of the boost véhicle or
the 0.1 thrust-to-weight space stage is used; the weight in orbit, and con-
sequently the thrust-to-weight at the initiation of the plane change phase,
will be different for a space stage with the same thrust (approximately
12,000 1b thrust) in both cases. The difference-in weight prior to the
initiation of the plane change maneuver, however, is small (118,000 1b
when using the second stage of the booét vehicle for orbit éstéblishment
and 120,200 1b when using the space stage for orbit establishment).

Figure 2-8 shows that this small change in thrust-to-weight will cause

less than 10 ft/sec difference ideal velocity required to accomplish the
5-deg plane change. In evaluating the payload delivereds the inert weight

of the space stage was calculated as follows:

Guidance and Control Weight, 1lb = 500

Engine Weight, 1b = 230
2/

Tank and Structure Weight, 1b - 0.813 wp +0.219 (wp) /3
‘The payload delivered by the vehicle using the second stage of the boost
vehigle for orbit establishment was 92,500 1b, and thatxgelivered by the

. £ A
vehiclt using the.space stage for orbit establishment was 92,3800, 1b.
From the above illustration it seems likely that payload will not be
substantially affected by using the space stage rather than the last
stage of the boost vehicle for the parking orbit establishment for most

vehicles and space missions. The advantages in payload derived from

R-3208
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Because the vehiole is decelerating continuously as 1t descends the
question arises as to whether appreciable translation could be accom-
plished to avoid ground obstacles if 10,000 tt 1+ the altitude limit
beyond which useful resolution of the desired quality cannot be
accomplished. The time spent below this altitude for the single firing
phase is presented in Fig. 5-111. Within the range of expected thrust .
weight values (2 to 3) it appears that only 20 to 30 sec are avuilable

to obtain pictures of the surfa‘ce, transmit to kBarth, and manediver the
vehicle. Because the tim%,required to transmit the picture is approxi-
mately 20 sec, based on Ref. 24, this correct-while-descending technique

F
1s clearly not.feasible for this trajectory.

Two alternatives are presented: the first is to design a hovering
capability into the vehicle; "and the second is to select a landing

spot, based on previous orbital reconnaissance, in which the probability

of an obstacle encounter would be low. Because a guiding pﬁilosophy of
this trajectory was that the guidance and propulsion systems be as simple-
as possible, it was decided to eliminate the engine throttling or excessive
(Fig. 2-29) gimbaling requirements, as well as the accompanying optical

and guidance systems, in favor of the latter alternative.

Intermediate Orbits

e
Later lunar missions may be characterized by having manned payloads
improved guidance systems, more sophisticated propulsion, and an
objective of landing at an exact predetermined spot (possibly for
rendezvous) on the surface of the Moon. The nature of the payload

(manned) dictates that the probability of returning to Earth safely

3-273 R-3208
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be extremely high %yen if the mission itself were not accomplished.
Thus, one of the guides for the trajectory selectlon for this mission
was that, whenever possible, system failure would result in the space-
craft traveling in an orbit around the Earth or the Moon, with the
possibility of repairing the malfunction, returning to earth, or at
least waiting for a rescue vehicle. The maneuvers selected to accom-
plish this objective are presented -in Fig. 3-112.

¢

Reference( 25 “indicates that launch abort systems'for manned space-

v

craft will be needed to cope with abort problems during the following
phases of the launch sequence: (1) on the launch pad and during
11ft—off (2) durlng maximum dynamic pressure, (3) during suborbital
flight, and (4) during superorbital flight. The propulsion requirements
for (1) and (2) are somewhat similar and have the objective of propa-
gating as much distance as possible, in a short time, between the payload
capsule and the booster -vehicle. The requirements of the second phase
are greater than for the initial phase because the capsule is more.
strongly affected by drag than the remainder of the vehicle because of
its low length-to-diameter ratio and consequent small ballistic parameter.
This means that the capsule would tend to decelerate more rapidly than
the booster so that a relatively high thrust/welght ratio must be used.
. Because these rockets would be attached to the capsule and jettisoned
after leaving the atmospherlc drag region, it follows that the thrust-
to-weight ratio should be based on the weight of the capsule. Assuminga
dynamic pressure (P) of approximately 600 1b/sq ft based on anticipated
trajectories, and an Qpprox1mate capsule weight (W) and diameter (D)
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of 10,000 lb and 10 ft respectively, based on Ref 26 , the decelera-

tion due to drag*1s

gq = m)ep/z;w = lhg

The drag deceleration of the booster will be inversely propprtional to
the ratio of booster to capsule weights. Therefore the decelg;ation of
a 1,000,000 1b hooster is only 0.045 g: a negligible quantity by com-
parison. Ff 1t 18 desired to obtain a separation(s)of 5000 ft between
the capsule and the booster within 5 sec after abort, the net accelera-

tion (considered constant) must be

2
g, - 2S/g0t =.12 g
2
g, = 32.2 ft/sec
The total thrust/weight ratio is then approximately 16.

If this thrust were applied for a launch abort the entire 16 g would
be felt by the crew. The most likely method of reducing the accelera-
tion would be to cluster several sbort rockets so that only those

necessary to give the required acceleration would be fired at any abort

time .

Abort during the suborbital phase poses problems of thermal and decelera-
tion loadings during re-entry if the proper trajectory is not flown.
The purpose of the propulsion system during this abort phase is to orient

the velocity vector at re-entry to minimize the peak deceleration loads.

N -
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Because the mission was intended to terminate by aerodynamic re-entry
it is assumed that the capsule design is adequate to provide for the .
heat loads encountered during a suborbgtal abort. Propulsion velocity
requirements are aéprOXLmately 3000 to 5000 fps for this type of abort

and, as there 1s no necessity for high thrust/weight ratios, the

propulsion system of the spacecraft would probably be employed.

Superorbital aborts could result in lengthy traverses through the Van
Allen radiation belts and thus present a considerable hazard to the )
crew. Here again, the propulsion requirement.is to maneuver the capsale
into the proper entry corridor. A propulsion velocity requirement of
approximately 4000 fpe, and the ab1lity to use relatively low thrust/
weight ratios, again permits utilization of the spacecraft propulsion

system for this abort maneuver. .

Mission abort may be accomplished any time during the transfer phase by

" using the propulsion velacity available to place the vehicle in a return

trajectory which passes througb the proper re-entry corridor. An abort
at this time could mean that an emergency has arisen which necessitates
return to Larth as soon as possible. In this 8situation, to obtain the
most rapid transfer trajectory, all propellants would be expended,
except those)requzred to decelerate the vehicle td a velocity suitable
for re-entry. This would necessitate that there be information avail-
able concerning the magnitude and direction of the velocity vector to

be applied at each point along the outbound trajectory.

The 2.6 day transfer trajectory would again be used in leaving the 300
n mi Barth orbit for the same ressons given in the previous section.
Midcourse correction is also assumed to require 150 fps for each direc-

tion (outbound and return) of the trip.
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In accordance with the philosophy that a noncatastrophic failure

should not result in tHe vehicle crashing, tﬁe next trajectory maneuver
has been designed to place the vehicle in orbit around the Moon. Thus,
if the vehicle passes in front of the Moon and no propulsion phase
occurs the vehicle velocity will be retarded to the point where it

begins the return trip to Earth along an elliptical trajectory.

There are other advantages of the lunar orbit besides the abort con-
siderations. Prelanding surveys and reconnaissance can be made from
orbit if this has not already been accomplished by previous missions.
Another significant advantage is the wide range of landing sites
possible when using the orbital maneuver. For a given thrust/weight
ratio (of at least nearwoptimum»magnitude) a fixed trip time and direct
descent using thrust antiparallel té velocity (of which the vertical
descent is a special case) results in a choice of landing points

along an arc of about 200 deg on the lunar surface as shown in the

following diagram.

Constant -
time '
Earth-Moon 7
Trajectories j 200° —_
71 -
\_
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The actual landing point depends upon the lunar position at the time
[ )
of initiation of the Earth-Moon transfer maneuver. Further discussion

of this point is made in Ref. 27.

By use of a lunar parking orbit, landings can be made at any point on

the surface of the Moon. The vehicle may be deorbited at any point
‘Ethe orbit. and the final degree of freedom is obtained by varying

the orbital inciivation. The inclination may be varied by affecting a

plane change during or after the orbit establishment maneuver.

Because this technique is costly from a propellant standpoint, espe-
cially if appreciable angles are involved (see Fig, 3-1124), another
wethod 1s avatlab'e which allows estaglishment of orbits which pass

over any point ou the lunar surface. This &aneuver, illustrated in ‘
Fig. 3-113 shows several possible orbits obtained by varying by a very .
small amount the direction of the velocity vector at the transfer 4
injection point. These different transfer trajectories are tangent at
different points (A, B, €, D) to the 50 n mi altitude sphere around

the moon and thus result in orkits of various inclinations. Note that

the orbits are restricted to the extent that they all pass through

a common intersection line. Thus, although it is not possible to
establish any orbit desired by this wmethod, the allowable orbits do

permit landing anywhere on the lunar gurface. W,

fhe orbit height selected for this mission was 50 n mi. This height

is greater than need be from guidance accuracy considerations (which
indicate errors as low as | n mi after midcourse corrections) but

does provide for unexpected gross errors and also is closer to .

the minimum energy orbit of Fig. 2-104. The propulsion velocity
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required to establish the orbit using a thrust parallel to velocity
maneuver is shown in Fig. 2-113 and 2-11%. The thrust parallel

to velocity maneuver was selected on the basis of propellant economy .

An error analysis was made to indicate the amount of added propu181on
velocity required to allow for probable deviations in the guidance

and propulsion systems. A midcourse guidance system capable of
reducing position and velocity errors to 1 n mi and 3. fps respectively
at the 1n3ect10n point resulted in an elliptical path dev1at1ng only
slightly from the intended 50 n mi circular orbit. If the thrust 7
deviated from the design value by -1 percent while the propellant flow-
rate remained at the nominal value (i.e., a1 percent decrease in
specific impulse) the resultant orbit would be an ellipse of approxi-
mately 75 n mi apoapsis and 50 n mi periapsis. This can be compensated
for by expending an additional 30 fps velocity increment at the 50 n mi
periapsis. Calculation of the effects of cutoff impulse deviations
indicate that the anticipated deviations would result in approximately
‘0.5 fps velocity errors.

After completing the 50 n mi orbit establishment maneuver and selecting
the landing site the vehicle trajectory is converted to a 50 n mi by
30,000 ft ellipse. The perigee of the ellipse is the ‘point from which
the final descent maneuver will be initiated. To obtaln this ellipse

8 retrothrust is applied 180 deg around the initial circle from the
point at which the perigee is desired. The magnitude of this velocity
increment is 60 fps.
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The purpose of this maneuver is twofold. Primarily, it is performed to
allow the final descent to be made under continuous power without exces-
s1ve propellant consumption, If a constant thrust descent were made from

50 n mi the velocity requirement would be significantly higher than for

descent from 30,000 ft due to the lower thrust level and consequent longer

Jurning time required by the former case.

4

A secondary purpose of this maneuver is to provide closer observation of
the landing area. This is really more of an incidental advantage than an
intended purpose since it is probable that adequate reconnaissance would

have already bheen accomplished from the circular orbit.

<

The height of 30 000 ft was selected as minimum altitude based on knowl-
edge of lunar fopography, Higher prominances on the dark side may dictate
a higher altitude. Conversely, if it were known that no high areas ex-
isted alohg the orbital path near periapsis, a lower altitude might be

selected to reduce the final landing propellant consumption,

An anlysis was made to determine the effect of an error in applying

the velocity increment { AV) at the 50 n mi apoapsis. A 1 percent

3-284 . R-3208
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error in AV would result in a periapsis altitude error of 2700°ft.
There would also be periapsis velocity errors; however, from a propellant
requirement standpoint, these would be compensated by the oppositely

directed altitude errors. S

The descent from 30,000 ft is accomplished using a constant thrust engine
with the thrust vector: always oriented opposite-to and colinear with

the velocity vector. This trajectory results in low propellant con-
sumpﬁiOQ.but is restricted in the sense that only one thrust-to-weight
retio can be used to bring the vehicle to zero velocity at a given
altitude from the periapsib. For the 30,000 ft periapsis this thrust-
to-weight ratio is 0.68 earth g. The ratio can be decressed by initiat-

ing thrust at points other than the periapsis. However, more pro-

pellant would be cohgumed by so doing, and it happens that, quite fortunately,

the 0.68 ratio is approximately optimum from a propellant vs engine
weight balance., The ideal velocity increment required for this maneuver

is 5680 fps. -

An altitude of 2600 ft at zero velocity results from the selected tra-
jectory parameters given in the previous paragraphs. This altitude
was selected to accommodate thrust vector errors of O.5° and 1 percent

in direction and magnitude respectively which could cause deviations of

3-285 R-3208
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as much as 2500 ft in the final altitude. Associated With this gltitude
error is also the possibility of incurring laterial deviations of up to

3000 ft which must be corrected durinc the final maneuver.

\A maneuver employing a landing site beacon may be used to correct
;deviations from the desired landing trajectory during flight. This.
system would have the advantage of landing the veBicle directly on
the target at zero velocity so thst no additional hovering or leteral

maneuver would be required and consequently a lower ove-all velocity

increment would be needed.

A study of such a gnuided landing moneuver was begun, but results were

not realized in the contract period. Based on the partial results

obtaihed it is believed that a guided system with throttled engine could be
devised to land with a velocity Iincrement avpproximately 100 fps greater
than that of the thrust-parnllel-to-velocity maneuver with no hovering
maneuver included, i.e., approximstely 5980 fps AV,

Ve

As & result of the constant thrust deorbitinr maneuver it was stated that
T the maneuver woulc herrinste st an altitude of from 100 to 5100 £t and a
laterei positicn error as great as 37900 ft. A throttlable propulsion

csystem was selceted o eniplete the terminal phase of the landing maneuver,

-
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Coneidering an ipitial position of 5100 ft altitude and 3000 ft dis-
placement, the vehicle would be allowed to fall for a short time to

establish a LO fps descent velecity. Alternately, the thrust could

be terminated on the previous phase while LO fps descent velocity still
remained, The thrgst level is then adjusted to provide a vertical thrust-
to-weight ratio of 1.0 (lunar) so that a.csnstant descent trajectory results,
The descent time (t,,) is then approximately 128 sec. During this time the
vehicle must first accelerate laterally towards the target and then
decelerate to zero lateral velocity. The acceleration reqﬁired to

- 34

accomplish this is 0.139 lunar g which i; directed towards the target
" for the first 6l sec and away from it for the last 6L sec. The net
thrust-to-weight is then 1,01, The burnout thrust-to-weight from the
previous maneuver is 6.27; this is the magrfitude of the throttling ratio
at the beginning of this maneuver. The ideal velocity requirement is

then calculated to be 680 fps from

AY = (F/W)ge ty

- This results in.a further throttling.ratio of 1.06. The over all
throttling ratio of 6:6 can be accomplished by actual throttling of a
single engine, or alternately if the initial throttling is Ai:anplished
by shutting down some of the engines of a clustered system; the actual

throttling requirement is then only about 6 percent,
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A short burst of additional thrust is applied when nearing touchdown to-
reduce the velocity to a small value on contact. An additional allowance

of LO fps was made for this final traking thus bringing the total to

720 fps. The L0 fps descent velocity was selected as a compromise between
éetting down as quickly as possible to minimize propellant consumption

and descending as slowly as possible to allow for translation and to minimize
the possibility of vehicle damage if the final propulsive burst were not
correctly arplied, Various methods of impact shock abatement have been

found in the literature (gas filled bags, frangible materials, etc.) but

it appears that retro-rocket braking is most suitable for absorbing the

large amount® of energy involved in this maneuver.

The alternate extreme situation in which the descent from orbit maneuver
places the vehicle near the ground (100 ft altitde) but displaced from
the target by 300 ft should be considered. The propellant requirements
for this landing are not as high as the previous case because the burnirg
time can be shorter and a higher thrust level can be used in the direction
of translation. For example, if a 5 fps descent rate is maintained to
ground contact, the horizontal acceleration will be 30 ft/sec? and the

propulsion velocity requirement is 610 fps.
vy -

3-288 R-3208




R S

A DIVISION OF NORTH AMERICAN AVIATION iNC

4

, ' :
LUNAR TAKEOFF AND ORBIT ESTABLISHMENT ) s

The maneuver possibilities investigated for the return voyage are shown in
Fig.3-1l4; the shaded areas represent the recommended maneuvers for this

phase of the mission.,

The results of the studies presented in the interim report show that the
minimum propulsion velocity is required by a thrust parallel to velocity
maneuver which'places the vehicle directly in the transfer trajectory.

The velocity requirements are shown in Fig. 2-124. The disadvantage

of this maneuver is that a séecific burnout angle 1is assbciated with each
thrust-to-weight rétio and transfer time. Since the vehicle may have
landed from orbit on any point on the lunar surface the above take off
maneuver will, in genéral, not resulf in the proper orientation of the
velocity vector at burnout. It should be mentioned that if the landing
was accomplished directly without the use of an intermediate orbit then
the direct takeoff will result in near correct velocity orientation at )
burnout and is applicable. In the general case the vehicle would rise
vertically for a short time, rotate the velocity vector, and then direct
thrust parallel to velocity ﬁntil the flight conditions are such that

the vehicle coaszéuéz a 50 nmi apoapsis after the thrust is terminated.
At the 50 n mi altitude the engine is reignited and a variable pitch aﬁgle
program is initiated in which the thrust vector is oriented so as to main-

tain the altitude while increasing the circumferential velocity until

L2
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orbital velocity is reached. The first burnout conditions (magnitude
and direction of the velocity vector and altitude) are such that if
reignition at the 50 n mi altitude fails, the vehicle will be in an
elliptical orbit which does not intercept the lunar surface. The
velocity requirements for this maneuver a;e shown in Fig, 2-227.
Errors in the orbit establishment are not critical because they can be

compensated for when the injection into the Earth return transfer trajectory

is accomplished.

RETURN TRANSFER, MIDCOURSE, AND RE-ENTRY

The 2.6 day return trip was selected for the same reasons mentioned

in Section II., Propulsion velocity requifements are shown in Fig.

2-115 and 2-116. The maneuver is executed by aligﬂing.the thrust
ﬁector with the velocity vector until the desired hyperbolic velocity
is obtained., This thrust program minimizes the propellant consﬁmption
requirements, An allowance of 150 fps was made for midcourse correction

maneuver propulsion,

A study of the dynamics of re-entry using atmospheric braking is beyond
the scope of this repnrt. The factors involved in the optimization
are the decelerative forceé, the maximum heat transfer rate, the total

heat transferred, and the velocity required to prevent skipping out cf

¥y -
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the atmosphere. References 2 and 10 infer that aerodynamic re-entry is
possible. Since adequate infofmafion was not available to determine the
weight of the re-entrstystem this equipment must be considered as part
of the payload weight in this report.,

i

LUNAR VEHICLF STAGING

For the lunar and return mission a large number of propulsive maneuvers
must be accomplished. The staging of the vehicle used to accomplish these
'maneu;ers can be designed in a variety of ways depending upon the vehicle
propellants, feed system,‘maneuver combinations, etc, It is the purpose
of this stu&y to survey a number of lunar vehicle designs and from this
survey select the most desirable system(s), The desirability'of a system
design will depend upon the performance in terms of the delivered payload,

system complexity, and the general attractiveness of the maneuver-staging

combinations.,

Two lunar landing and return maneuver methods have been selected for
consideration: (1) direct lunar landing, and (2) landing from lunar
orbit, Tﬁe.prOpulsive.maneuvers of which these missions are womprised
are listed in the maneﬁ?er key,Table 3-13. Both methods consider a miséion
initiated in an Earth satellite orbit, an Earth/Moon transfer, and mid-

course trajectory corrections. The direct lunar larding proceeds to

3-292 R-3208
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o
contact the lunar surface directly from the transfer phase, The landing
from lunar orbit first establishes a series of lunar orbits and then

gpiroceeds to contact the surface. Similar procedures are used in takeoff

from the Moon and return to Earth,

This staging study considers the lunar mission from its initiation in

an earth satellite orbit until the vehicle is on the Moon/Earth transfer
back to Earth, The lunar landing and return mission is initiated from

a 300 n mi earth orbit. The vehicle gross weight was 35h,OOO‘pounds; the v
payload which can be placed in a 300 n mi earth orbit by a NOVA H-6 booster,
The determine vehicle staging for this mission, ten separate maneuvers were
considered (Table 3-13). Nominal velocity increments are given to indicate
the magnitude of each maneuver considered, The actual velocities used in

the study varied slightly from this value depending upon the thrust-to-

weighi ratio,

The four propulsion systems discussed in another section of this report
were considered for this study. These two propellant combinations
(MON/MMH and LO2/LH2) ard feed systems (pump and pressure-fed) represent a
range of propulsion system variables sufficient to indicate any effects

that may result.

r -
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TaSLE 3-13

PRCIULSIVE JANTUVERS

, ominal

ancuyer Velocity Increment f
2.6 day Earth/Moon transfer 10,250
Two mid-course trajectory corrections g 300
50 nmi lunar orbit establishment 3250
Iow altitude elliptical orbit establishment 60
Descent from low altitude elliptfc orbit . 5800
Terminal maneuver; includes capability
for hovering and translation 700
Takeoff to 50 nmi lunar orbit 5750
2.6 day Moon/Earth transfer from lunar orbit 3250
Direct landing from 2,6 day transfer 9200
Direct takeoff; thrust-parallel-to-velocity; 9550

2.6 day Moon/Earth Transfer

R-3208
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Where applicable the optimum thrust-to-weight ratio curve of Section
) were used to estimate stage thrust level. In other cases specific

-

optimizations were conducted.

Staging was considered only at the beginning of maneuvers, The reason ’
for this was that it was felt that the most critical phase of propulsion
system operation is the startup. The orbital landing maneuvers were
devised in such a manner that noncatastrophic propulsion system fallure
at the beginning of any maneuver would not result in the vehicle g
crashing, The same is true for the direct lunar landing and return

mission (except for the actual landing phase), and the same staging

philosophy was therefore employed for this mission. . .

‘Earth/Moon Transfer Phase

*Maneuver A - 2.6 day Earth/Moon Transfer, The four propulsion systems

discussed previously, plus a solid propellant propulsion system, were
compared for the Earth/Moon transfer maneuver. The results of the vehicle
conpafison for this maneuver are shown in Fig,3-115. These five vehicles

are based upon a 354,000. 1b gross weight in a 300 n mi earth orbit, The
maneuver was not considered strenuous engough to require more than a single

stage. The payload weights are shown and relative magnitude indicated.
- _

For the liquid propellant systems the higher thrust levels of the pump

fed systems were selected from the thrust optimization curve and are

) 3-295 R-3208



mmesre N RE DY INE

A HVISION OF NORTH aAME R ICAN AVIATION IN

AN

.,
mWl], 38v0) Aeq 9°gZ uotsindoxg xaysuway uooz\aﬂhcm *CI1=¢ aanB1q s
, QN
T
. =
006°0 216°0 056°0 9Lg°0 L26°0 © (*eteg) d¢
000052 ~ 000° L6 000°L2T 00§ 000°set QI jenayy
- egnesaay dung ognesosd dung wassg pesy
s HWWANON HWW/NOK H1/%01 tH1/%0n sjuviredosy .
g
8
“ »
3 &
. A
W
. L oot
00606 000601 00T‘12T 005°TET J et peeLeg

, (£3717qwde) 9~ VAQN uo pesvg)
*#qL 000*11SE = 33420 Y3I¥T OTTM *u 0OE UF UTFTON 803D TYEAFUL

.



- N oG . E R W Ll K-
a DIivisSION OF NORTH AMERICAN AVIATION INC

...

dictated by the lower engine specific weighta. The high thrust of

the solid propellant system was considered necessary because of the
solid propellant requirement for short burning times. The resultant
propellant fractions (A p) are indicative of the engine apnéi{fc weigﬁt,
the type of feed system and propellant, and the amount of propeilant
burned. These propellant fractions are somewhat higher than those that
might be normally associated with these propulsion systems, This is
because of the thrust-to-weight ratios of those space systems being
considerably lower than those of comparable earth oeration systems,
Because of the‘ large payload advanmtage of the Liquid Ox&gen/IAquid
Hydrogen pump-fed propulsion system, it was selected as the only

liquid préppllant system to acéaxplish this first maneuver. For the
short tin;a that the propellants of this stage must be stored, no
difficulties are anticipated with the Liquid Oxygen/Liquid Hydrogen
combination,

Maneuver B - Mid-course Traject‘@y Corrections. The mid-course

e ———

trajectory correction energy requirements as described in the maneuver
section are very mmall as 1nd1cated. by the table. This small propulsion
requirement may be provided by briefly firing the main engine to avoid the
complexity of a separate propulsion system. Two ;onsideration‘q nust be

made when using the masn propulsion system: (1) propellant sedtling

3-297 R-3208
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prior to firing, and (2) the magnifude of the cutoff impulse. The
~ former problem may be solved by firing a 1-lb-thrust settling engine

for several minutes prior to main engine ignition. This engine may be
fed from the same storable pro'pel_lant source as the attitude control
prof)ulsion system. The relatively long settling time does not prech;de
the use the low thrust system becau:;e the time at which the midcourse
- correction is to be applied is”known and the firing of the small engine

can be programmed to lead the main engine firing by the appropriate amount.

Analysis of the effects of cutoff imp.lse deviations indicates that the
anticipated deviations would genez:a.lly result in uncertainties in
velocity of less than 1 fps. Thus, the propellant settling engire could

again be used as a vernier correction system.

For purposes of this study a weight allowance is made for a propulsion
system to accomplish the mid-course corrections. This weight allowance

is based on the MON/MMH pressure-fed system.

» Orbit Landing and Return Mission

Maneuver C - 50 n mi Lunar Orbit Establishment. The results of the vehicle

compsrison for this maneuver are shown in Fig. 3-116. Six vehicle con-

figurations were compared for this maneuver. The first four systems .

3-298 R-3208
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considered the Farth/Moon transfer maneuver (&) to have been performed
by a Liquid Oxygen/Liquid Hydrogen pump-féd stage, and compsares the

(for this orbit establishment maneuver) four propulsion systems
discussed previously. The other vehicl;s considered were a single-stage,
Liquid Oxygen/Liquid Hydrogen pump-fed system that provides both the
Earth/Moon transfer velocity and the lunar, orbit establishment velocity

increment, and a two-stage solid propellant vehicle.
4

The payloads in lunar orbit and the characteristics of the second stage
are indicated. Thrust-to-weight ratios of the stages were determined

 from the optimization curves. The thrugt available for the lunar orbit
establishment in the single stage vehicle was dictated‘by that used in

the Earth/Moon transfer. . '

All of the liquid propellant systems provide payloads of similar magnitude.

The solid propellant system provides considerably less payload. The

payload in lunar orbit indicates two éystems worthy of further considera-

tion. These are the Liquid Oxygen/Liquid Hydrogen Qump-fed, two-stage

and single-stage vehicles. Y,
euver D - Low Altitude Ellipt Orbit Establishment. This maneuver

places the space vehicle on a 50 n. mi. x 30,000 ft elliptical orbit,

a very efficient method of tringing the vehicle to a low altitude. The .
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main propulsion system could be briefly fired again for this maneuver.
Propellant settling would be accomplished by the same system employed

for that purpose in Ehe mid-course méneuvers. Here again, the deviation
in velocity due to cutoff hméulse uneertainties is less than 1 fps. The
effeft of this error on the periapsis is not severe and may be compensated
for by the next'maneuver.

Maneuver E&F Lunar Descent and Landing. Table 3-14 describes in detail

the systems condidered from earth orbit to lunar landing, and indicates
the payload on the lunar surface for each of,these systems. Seven
combinations were considered ranging from four-stages‘to a single stagé.
The propulsive ma?euvers accomplished by each stage are indicated by
the letter designation defined in the maneuver table (Table 3-13). The
amount of throttling, both step and continuous, is indicated as well as

the mumber of restarts.

This comparison is made to study the various staging methods of contact-
_ ing the lunar surface. Maneuvers E and F as described in the table are
used to achieve contact. Inhfrent in maneuver F is a hovering phase of
operation which requires that a t&gg;t-to-weight ratio of 1.0 (lunar) be
maintained. This phase of operation dictates the throttling require-
ments., In the combinations where maneuver F was performed by a separate
system, from the one accomplishing maneuver E, a parallel system was con-

sidered. The parallel system means that there are two propulsion systems

3-301 H-3208
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in the sawe stage.  The parallel syvsten was considered insteadfol vehicle
staging during the terminal maneuver because of the inefficiency of
stapging for such é small propu.lsive maneuver and the difficulty of
‘cccmpljshing the staging in this type of maneuver. This terminal
landing system would be ignited before stutdown of the larger system
s0 that’thore would be no period of free fall during this terminal maneuver.
An alternative to using a parallel system would be step throttling the
system used to cancel the orbital velocity (Maneuver E). Tﬁis system
would require step throttling by as much as B8:1. Step throttling can
be accomplished by either a single engine or a cluster of engines as
described in the discussion of throttling. No difficulty is anticipated
with either method of operation. The redundancy and, therefore, reiia-

[ g
bility possibilities available with the clustered engine cnncept may

render it the more desirable methnd,

From the comnarison of payload capability three systems appear interesting:
"stems I, TV, and VI. System I uses a serarate Liquid Oxvgen/Liquid

‘zdrogen, rump-fed storage for each major prropulsive maneuver. This

is not considez’ed further because the small rayload gain does not appear

vo warrant the ihecreased nn.mber of stages. The other two svstdms MWoth

appear atiractive and will be econsidered further,
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Maneuvers G_ang H - Takeoff and Return to Earth, For the lunar

takeoff and return to Earth a combination of maneuvers G and H are gen-
erally considered. This use of a lunar orbit allows a greater variety

of lunar takeoff sites as discussed previously |, ‘The maneuver (G)

used for:orbit establishment uses a trajeétory with am intermediate coast
phase. This maneuver reguires a restart after the coast phase to initiate
the portion of the maneuver that establishes the orbit, Although this
restart is not critical, because the first phase of the maneuver establibhes
the vehicle in an elliptical orbit, it may be eliminated through use of a

powered-all-the-way trajectory. As a comparison Maneuver J, a direct

takeoff is 1included.

Seven staring combinations were studied; the results are presented in
Table 3-15. The first six systems in the table use the first stage to
accomplish the Farth/Moon transfer alone. The seventh system uses the
first to accomplish both the transfer and orbit establishment maneuvers
(a, C). )

Yo,
Of all of the operational phases of the lunar larding and return mission,
the return maneuver is the phase in which propellant storage problems are
most likely to be encountered. The moderately long storage times (a week
to 10 days) necessary, and the fact that this is the smallest stage of

the entire vehicle may create difficulti;s in maintaining cryogenic pro-

pellants, Fipure 3-34 indicates that for the vehicle sizes

3-305 . R-3208
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béing considered here the cryo-enic comtinrtions could be used with
no difficulties. A reduction in the size of the over-all space

vehicle may, however, cause the storable propellant systems to be

more attractive.

W8

| Keeping these considerations in mind Systems II and V were eliminated
from the payload capability standpoint. Systems I and III are essen-
tially the same with the.maneuver combinations of System I offering

more flexibility, ‘From consideration of staging and the payload

capability System VII is felt to be the most desirable.

Direct Landing apd Return Mission

The analysis of the 2.6 day transfer from a 300 n mi earth orbit to the
moon performed in_the previous section is applicable to both direct and
orbital lunar landingss,. Superiority of the pump-fed Liquid Oxygen/Liquid
Hydrogen system was found as shown in Fig. 3-116. The payload capebility

of this stage was 151,500 1b when the mid-course correction propulsion

/requirement was included.

Maneuver I — Direct Lunar Landing. Havine selected the ligquid Oxygen/
tigneu A _ 124 7 g

ligquid Hydrogen pump-fed svstem for trne first propulsion phase, the

3208 ' 1-3208
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next step was to considér the effects of {1) reigniting this stags far the
direct lunar landing and(2)atarting a second stage for this maneuver.,

The results are shown in Fig, 3-117.

When staging took place after the transfer maneuver, the payload lahdga

on the moon by the aecoﬁa stage depended on the propulsion system '
selefted for that dtage. Here again the liquid oxygen/liquid hydrogen
pump-fed system stood out in payload capability and was selected for
further study. Since no storage problem.‘was anticipated for vehicles

of this size, the HON(MMH systems iere eliﬁiunted as well aé the pressure-
fed 1iquid oxygen/1iquid hydrogen laﬁding stages on the basis of payload.
The single-stage 1liquid oxygen/liquid hydrogen: pump-fed system was also
retained for its .simplicity, notwithstanding the 10 percent payload
shortcoming of this system, Wheﬂ considering the single staée for both
maneuvers (transfer and landing) a different optimum thrust-to-weight

.wad obtained than for the transfer maneuvér alone, This was because of
'the fact that the initial thrust-tb-weight for the landing maneuver
depends on the initial thrust-to-weigh:q§or the transfer maneuver. Since
the optimug thrust-td-wéight for the landing was higher than that result- .
ing from the optimum thrust-to-weight of the transfer, the initial thrust-
to-weight for the dual maneuver was therefore greater than that of the
transfer, The optimum thrust-to-weight was a compromise‘of the require-

ments of the individual maneuvers,

3-309 R-3208
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The preeaufo-fod systems exhibited lower optimum thrust-to-weight ratios

than the pump-fed systems primarily because of the heavy engl ;xee employed
by the pressurélfed configurations. Thus, although 1ncreaaing.the thrust
level tended to reduce the propellant and tank weights the engine weights

soon overrode this advantage. ’

There was a rather broad region near the optimum thrust-to-weight ratio
where the payload variation.with thrust-to-weight was guite small, as
shown in Fig.3-118,which was drawn for the selected liquid oxygen/liquid
hydrogen pump-fed second stage., The éther stages considered ekhibited an

analogous behavior in this respect.

The unusually high thrust-to-weight ratios at which the second stages
optimized are due mainly to the shape of the velocity increment, AV, vs
thruat-to-weight curve for the 1anding maneuver, A comparison of-the
curves for vertical landing with a thrust-antiparallel—to—velocity
maneuver is shown in Fig. 2-122, The generally lower velocity

increment and the more pronounced "knee" of the latter curve pemit operation
at lower values of thrugt-to-weight before prohibitive velocity requirements
sre encountered, The high AV of the direct des;ent maneuver is due to the

high gravity losses associated with the vertical velocity vector during

firing.
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The relative shapes and positions of these curves also explain

why the payload capability of the vehicle using the direct landing !
maneuver is less than that of the veh‘icle employing the orbital landing
technique. This is because' the curve for the orbital landing more
closel;v resembles that of the thrust-parallel-to-velocity maneuver .

than the curve for the vertical landing.

‘Maneuver J .- Direct Takeoff and Return to Earth. The staging for the

return trip was next investigated. Using the gross weight available -

from the two-stage transfer-landing vehicle, several feed system and |
propellant comﬁinations were considered for the return stage. Results

of these analyses are presented in Pig. 3-119 and show the payload

advantage of the liquid oxygen/liquid hydrogen pump-fed system. Substitution
of the pump-fed, storable third stage resulted in a120 percent payload loss.,

‘!\;o-etago vehicles were also considered for the total mission, To mini-

A

mize payioad losses, the first stage of these vehicles was selected as the
iiqui.d oxygon/liquid hydrogen pump-fed system. A similar system was used
as the second stage and two methods of staging were studied: (1) staging
after transfer, and (2) staging after lunar landing. The former resulted
in a payload of 26,800 .:Lh. and the latter 26,300 1b, A starable

second stage was then substituted in the latter case and the payload

available for earth re-entry dropped to 19,000 1b.
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Despite a 10 percent payload disadvantage the two-stage pump-fed liquid
oxygen/liquid hydrogen vehicle was selected in prefei‘ence to the three

stage configuration. The reason for this choice was the inherent

si-plicity and lower cost of the two-stage system. Staging after landing
was preferred becau;se this arrangement permits the Fanding to be accomplished
by the already proven transfer propulsion system, and also because any
damage to the landing engine at touchdown would not affect the return pro-

pulsion system,

The study of space enviromment indicated that storage of the

cryogenic propellants on the moon is not problanaﬂical enbugh to warrant
substitution of storable propellants for the return stage. This section
shows that, depending on the amount of thermal conduction by the structure,
storage times of from 1 month to 3 years are possible. The former represents
a very pessimistic conduction eSstimate and the latter represents the

situation of no structural conduction. Figure 3-34 represents

Ve

8 conductien estimate of 10 btu,hr which results in an allowable

storage time of arproximately 8 months,

The variation of paylcad with second stage thrust-to-weight of the
selected system 1s shown in Fig,.3-120. The extremely broad peak of this
curve indicates that the thrust level could be varied from 35,000 to

30,000-1b thrust with no significant loss ‘n payloed.
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RECCMMENDATIONS FOR LUNAR LANDING AND RETURN MISSION USING AN
INTFRMEDIATE LUNAR ORBIT

Applicability

-Lunar landing fnd return missions using intermediate lunar orbita are
suggested for’uae with marned payloads. Ma?euvera used in the vicinity
of the lunar surface provide a systematic, reliable method of landing;
This step-by-step approach is compatable with existing guidance and pro-
pulsion system accuracies. The use of the intermediate orbité not only
provides ample epportunity for landing selectiop but provides mission

flexibility and reliability for manned missions,

Maneuvers
“

The space vehicle will provide the propulsion to leave the earth orbit
and achieve the velocity required for the Earth/Moon transfer; a thrust
R,

parallel to velocity maneuver can be employed. A series of mid-course

trajectory corrections are applied during the transfer.

In the vicinity'of the Moon thrust is applied anti-parallel to velocity

to establish a lunar orbit (50 nmi), After observing the Moon for some
period of time and selecting a tentative landing site; a small vélocity

increment is supplied to establish a 30,000 ft by 50 n mi elliptical

orbit, From the periapeis of this orbit a thrust anti-parallel to velocity

3-317 R-3208




maneuver is used to arrive at a point close to the lunar surface, The
altitude of this point is governed by the guidance and propulsicn system
accuracies, From this point & constant velocity descent results in

contact with the lunar surface. Included in this latter phase ié the
capability of a 3000 ft translation. The takeoff and return to earth maneuver
includes the establishment of a lunar orbit before beginming the return

tranafer,

Vehicle

The apﬁce vehicle recommended for this method of accomplishing the lunar
landing and return is descrided in Table 31f. This spaee vehicle can Be
placed into a 300 n mi earth s:tellite orbit by a NOVA H-é booster
vehicle. Tt will perform a soft lending on the lunar surface, takeoff,
ard place a 2$,500 1b payload on a coast trajectory to earth.. Thie
29,500 1b includes the weight ef traiectory correction systems for the
return trip and any re-entry systems required.

This upace vehicle consists of two stages and main’prqgulsion sysisme

wrich are pump-fed using the liquid oxygen/liguid nydrogen propellant

7-318 N-3P0R
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TABLE 3-1¢

“LIVAR LARDIﬂ? AND RETURN VEHICLE USING AN
INTERMEDIATE LUNAR ORBIT

Payload Weight on Moon Earth Transfer, 1b | 29,500
Stage Twe
Propellants ‘ L02/LH2
Feed System Pump -
Th;ottling v:1 Step
b Percent Continuous
Restarts . 4
Gross Weight, 1b : o 114,000
Thrust, 1b o 91,000
Number of Engines N

(1 Redundant: 1 Throttleable)

Stage One

Pr : : - |

ropellants . L02,LH2
Feced System Pump
Restarts 3
Gross Weight, 1b 55"%,000
Thrust, 1b i 125,000
Number of Engines 1

¥ -
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combination. Auxiliary propulsion systgms are used to accomplish
attitude contrpl maneuvers,

The fi;st sfage of the vehicle which is initiated in Earth orbit uses

a single engine producing 125,000-1b-thrust. This stage provides propul-
. sion for the Earth/Moon transfer, is shut down, and then reignited to

bbe used in establishing the 50 n mi circular lunar oribt. Cutoff im-
pulse deviaiions do not appear to prohibit using the main engine for

midcourse correction.

The second stage is briefly used to change this orbit to a 50 n mi x 30,000
ft elliptical orbit, and is then reignited to provide thrust for landing.
This second stage uses a seven engine cluster which‘produces a total thrust
ofl91,000 1b. One of the engines is designed to be redundant. At the end
of the first phase of this descent from orbit all but one of the engines
are shut down to provide the step throttling necessary for hovering or
constant velocity descent. This remaining ehgine is capabie of being
continuously throttled by about 6 percent. The clustered engine technique
appears advantageous over the use of a single engine with 8:1 throttleability
ratio. The duration of this hovering maneuver depends upon the altitude

at the beginning of the hover phase and the amount of lateral movement de-
sired. These are in turn determined by the accuracy of the guidance.

This terminal phase is ended and the last engine shut down when the vehicle

‘contacts the lunar surface.
For takeoff ffom the lunar surface, the"enfne cluster is reignited and the

vehicle enters a low-altitude lunar obrit. The engine is again restarted

to leave the orbit for the return to Earth.
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RECOMMENDATIONS FCR DIRFCT LUNAR LANDING

Avplicability

Direct landing is recommended for vehicles having simple terminal
guidance systems which sense only altitude and descent rate during
the actual hmling phase, and having constant thrust propule‘ion

systens. The mission is charscterized by restricted lénding srea
capability and CEP values of a few miles.

Hansuvers

The vehicle may leave the assumed 300 n mi esfh erbit and achieve
velocity to complete the transfer in 2.6 days. One or more mid-course
corrections are applied dwing the transfer as determined by the
guidance system and accuracy requirements.

At a pcdofarihud point asbove the lunar surface, thrust is applied
radially to reduce the dochnt velocity to a small value; thrust .

1s then terminated and the vehicle falls freely (except for attitude -
contrel). If the first burnout altitude is too great from impact

velocity considerations, a second firing is made which is followed by

free fall to the lm .aurfao..
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The return trajcctofy consists of a vertical rise until 2.6 day
transfer ;olocity is ,ttainod followed by i:idconr-e—carrectiona =
to obtain the desired sarth re-entry corridor. " Aerodynamic re-entry
is assumed,

Yehicle

A two-stage vehicle is recommended for the mission. Both stages

sre propelled by pump-fed liquod oxygen/liquid hydrogen propulsion
systems. The recommended configuration is illustrated in Table 3-17,
Staging is acoomplished on the lpmn-' surface with the following
ﬁthagos: 1) the propulsion gystem used for the landing maneuver
iz the same one that has ﬁ-won operable in the transfer maneuver,
and 2) ir boattail damasge is incurred upon touchdown the return
propulsion system will probabi_y not b-_ affected.

Attitude control systems are similar to those employed in the arbital

landing lunar mission, however, no sbort system is needed for this

mission,
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. TABLE 3-17

14
RECOMMENDED SYSTEM FOR DIRECT LUNAR
LANDING AND RETURN MISSION

ar

Payload Available for Earth Re-entry, 1b 26,300

Stage Two
P llant 1.0 _/1H
ropellants - 2/ L,
Feed System Pump
Restarts None
Gross Weight, 1b : 62,000
Thrust, 1b ' 56,000
Stage One :
Propellants ‘ 1,02/m2
Feed System Pump
Restarts ‘ 4
Gross Weight, 1b . 354,000
Thrust, 1b ‘ 248,000
-
3-32% R-3208
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AUXILIARY PROPULSION SYSTEMS

Abort Propulsjon

The propulsion requirements for subarbital fi:d superorbital aborts
can be satisfied by the main propulsion systin as stated in the
mission analysis section. A system for high dynsmic pressure and
liftoff aborts is alse described in that section. A cluster of
fimr solid propellant rockets, each having a thrust~to-weight ratio
of four (based on payload capsule weight), and a burning time of

5 sec is recommended. These are to be fired elther two at a time
or simultaneously dcpomin'g upon the dynamic pressure level at |
abart. For a successful launch with no early abort requirements the
8olid rocket propulsion system nay' be jettisoned after leaving

the high dynamic pressure region,

Aktitude Coptrol

The xttitud‘:w;bnt-ol requirements may be divided into two areas:

(1) vhen the main propulsion system is firing, and (2) during

coast phase. The main propulsion system should include the capability
of gimbaling the thrust chamber to provide pitch and yaw attitude
control. The magnitude of th; ginbding requirement is dependent
upon the dynamics of the missile. Roll-attitude control is required

3-324 R-3208
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during this phase not only to positiom the vehicle, but also to
counteract the tou-’quos caused ?y main engine thrust vectar miselign-
ment during gimbaling, Two 25-1b-thrust engines would be adequate
for this purpose. The engines would be hinged and mounted on the
eircumference of the final stage. The propellants would be supplied
by the ssme proaﬁuro source (pump-or pressure-feed) as the main engines.
Reference 3 pointed out the desirability of maintaining continuocus
three—sxis attitude conmtrol about a 5 deg dead band to eliminate

a complicated search procodur'o to establish vehicle crientatien
later in the mission. The reference concluded that this can be
dons with a pressure-fed, storable-propellant, fixed-thrust

(0.5 1b per engine) system veighing approximately 50 1b. Uhen the
propellent 1s scaled to the longer duration of the 2.6 dey transfer
.tho weight becomes approximately 70 l.b. This includes propellants,
plumbing, and six engines.

EFFECTS OF BOOSTER SIZE
The purpose of this study srea was to determine the effects of
using different boosters upon the philosophy employed in the design

of the lunar space vehicle. It was recognized that the payloads of

. the differently staged vehicles would not shift drastically relative

T R-3208
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to each other when the initial vehicle weight was changed. The
method of analysis then was to assume the same velocity increment
per stage as in the nominal vehicle and and to assume temporarily
that 1liquid oxygen/liquid hydrogen propulsion systems were used.
The payload and second stage gross weight thus derived were used
as the basis for conclusions concerning the type of gnission,
propellant, combination, and feed éyatem to be recommended for the
vehicles which would be the upper stages of the various boosters

considered. These results sre summsrized in Table 3-18 ,

Ae the gross weight of a stage docreabqa the relative weight of

the tank insulation incresses as deonstreted in the section of

this report concerning insulation weights. Figure 3-34 of that
‘section shows the storage time beyond which the weight ot; the
insulation for the liquid oxygen/liquid hydrogen becomes prohibitive
wvhen compared on the basis of pqyload‘ capabilities with a storable
propellant system of similar prop@llant weight. The relatively )
pessimistic assumption of 100 Btu/br structural conduction is appli-
cable to this graph. Extrapolation of this figure indicates that even
for the smallest booster system considered (the C-1) a stopover time
on the Moon of sbout 60 hr is allovable before the imsulation weight

dictatee that storable ;.n'opellants be considered for the second stage.

3326 - R-3208
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Another effect of booster selection is the type of mission to

be flown. If it is assumed that the manned systems require a
returned payload of spproximately 10,000 1b it is seen that the H-2
booster is marginally inadequate and the C-1 is certainly useless

for this mission. These vehicles would then fly the pnmanned missions .
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In trips to other planets or the mooun, life on these bodies must be pro-
tected from any barth species which might prove toxie. Where surface con-
tact is possible the space vehicle must be sterlizied. Precautions must
also be taken to prevent “contamination in event of system tailure. Where
the propulsion system restarts it must in general be purged after shutdown
of the previous firing. ' |
o

In any. propulsion system a number of tradeotfs must be considered in the
system design.  These will be facilitated by the use of exchange factors
or influence coefficients which relate a change in some parameter Lo ils
effect on the system. Alternate methods and missions may be contemplated,

and should be indicated.

¥y -

3-33F

BN=520%




TABLE 3-19

GENERAL PROPUISION SYSTEM DESCRIPTION

I. Energy Requirements ) oo

- Ae

Be
Ce
* De
IT. Thrust
Ao

Total Impulse Required (or Ideal Velocity Increment)

1.

Maximum; Mission

2e Minimum; Mé.ssion

Maximm Impulse (Velocity) Increment;

Minimum Impulse (Velocity) Increment;

Number of Increments

Magnitude

1.

3.

L.
S5e

Steady-State Design Thrust Magnitude

ae Thrust-to-Earth Weight Ratio
be Absolute Value
Tolerance
“.ae Engine-to-Engine
be Run-to;Run
Throttling
a. Step
b. Continuous .
Accuracy of Thrust Programming
Number of Restarts

Type of Thrust Control

3-332
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TABLE 3-19
(Continued)
B. Transients
1. Start Sequence (Ignitien and, Response Time)
2. Startup Impulse ’
a. Nominal
b. Tolerance
3 Cutofi: Inpulse
ae Nominal
be Tolerance
Le Throttling Transition and Response Time
a; Step
b. Continuous
Ce Thrust Vector Control
1. Vector Control Requirement

2. Method of Control

,’}’.‘ Engine Thrust

ae Angular
be Lateral

III. Propellants
| Ae Composition .

Be Mixture Ratio
lo Nominal
2« Tolserance

3. Mixture Ratic Range

. 3-3553 ' R-3208
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TABLE 5«19
(Continued)
Ce Specifie Irnpulse
le Reference Engine Parameters
a. Mixture Ratio
* b. Chamber Pressure
| Ce Expansion Ratio
2o Nominal Specifie Impulse at Reference Conditions
3. Minimum at Reference Conditions
a2+ Run-to-Run
be. Engine~to-Engine
Do Compatibility with Manned Missions
Ee Contamination Effects on Alien EmviForment
Fe Temperature Effects
l. Density
2« Vapor Pressure e
3e Heat of Vaporization
4e Heat of Fusion
IV. Environmental Restrictions
.Ae Zero Gravity Propellant Supply
l. Liquid/Vapor Separation Requirement
2 Number of Zero Gravity Engine Starts
3e Separatio iethod -
Le Tank Venting
a. Requirament

be Method

5-334 R-3208




TABLE 3-~19

(let.inued)

Be Spaee Storage of Propellants

Ce

De

L.

2e
3.
e

Envirenment
a. Thermal Radiation
be Internal Heat Source
::. Jonizing Radiation
de Meteoroids

Storage Time

Propellant Temperature Limits

Storage Methods

. a. Exposed Surface Characteridtics

be External Insulation
ce Internal Design
de Propellant Boil-off
es Meteoroid Shield
f. Deleterious Effects of Environment on Storage Methods -
ge Attitude and Geometry Limits

Component Design Restrictions

1.
24
3e
Lo

Meteoroids, Puncture
Temperature
Ionizing Radiation, Materials

Vacuum-materials, Start

Launch Envirorment

1.

2e

Thermal

Handling
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TABLE 310
(Continued)
Ee Target or Payload Contamination
1. Ex’r,e;*nal Contamination Sources
a, Bacteriological (Living)
be Chemical (Non-living)
2+ Decontamination Methods
ae Cleaning
be Sterilization
3. Contamination in Event of System Failure
Fe System Purging Requirements
ls Number of Purges _ v
2« Type of Gas
3. Sequence
V. System Reliability as a Functien of Development Time
A+ Component
Be Engine
Ce Vehicls
VI. Off Design Operation
A« Exchange Facters for Perturbation from Nominal
ls Engine Operating Parameters

" ae Mixture Ratio -

v
>

§
x

be Chamber Pressurs
Ce Expangicn Ratio
d. Trrust
2o Hardware weight Equivalent of Specific Impulse

Be Alternate Mission Performance

>-50b -3l
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¢ TABLE 5-20

SYSTRM COMPOMENT REQUIREMENTS

I. Airframe and Propellant Tanks
Ae Propellants

1. Propellant Description
a. Propellants ,
b. Nominal Mixture Ratio
0. Propellant Tsmperature Limite

2. Useable Propellant
a, Maximm
be Minimm

3. Reserve Propellant wo:l;hta
a. Pight Performance
be Residual
e Trapped
de Husl Blas
oo DBoil-off Reserve

N,

R-3208



TABLIY 5-20 '

{Continued)

C. !'ka Pressure and NPSH
1. Nominal
2. Toleranse
De Thermal Qentrol .
l. Thermal loads
" & Ground loads
be Asrodynamis
6e¢ Intermal
4. Bpase loads
2¢ Tesperature Liwits ; ,
K. Zero Orevity Requirements
1. Gas/liquid Separation Requirements
2. Tk Venting Requirement °
7. Staging, Geametry, and Configwration Requiremmts
G. Secondary Auxiliary Systems
He Propellant Utilisation Sﬁton Requiremsnts
I. Tank and Strusture Weight Lixits
"7p Presmrization System
- A+ Purposss of Pressurisation
B. Oas Vols in Propsllant Tank Mo,
le Total
2. Imra-uta

5-338 - R=3208
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TABLE 3-20

(Continued)

Gas Pressure in Propellant Tank
1, Nominal
2. Tolerance
Propellant Propertiees
1. Thermodynanis
2. Compatibdlity
WM
1. Storage
ae Time
be Oas Yolume During Storage
2. Thermal Exvirorment
3¢ Zero Oravity
Weight

IXI. m Bﬂm .

Ao

Propellant Desoription
l. Propsllants
2.. Thermod ynamic Propertise
3. Mixture Ratio
a. Nominal
be Tolerance

W,

1, Nominal
2. Tolsramse
3. Transients

{=3208
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TABLL 5-20

(Continued)

Co Type of Feed System
De 8pecific Impulse
le MNominal
2, Minimm
B Engine Inlet Conditions
l. Btorage
a. Timg

be Gas Volume During Storege

2. Thermal Enviromment
3. Zaro Gravity
Fo Welght |
III. Engine System
A. Propellant Description
1l Propellants
2. Thermedynamise Propertiss
"~ 3¢ Mixture Ratio
as KNominal
be Tolsrance
Be Thrush .
1. Nomdnal
2. Tolerance
3. Transieate
Cs Typs of Foed System

3-340
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TABLE 5-20

(Continued)

Specifis Impulse °
1. Nominal
2¢ Mindimum

Engine Inlet Conditlons

‘Envelope Requirements

Thyottling Requirements
1, Step

2. Contimwevs

Engine System Weight
Bwiroment

3-341
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SPECIFICATIONS OF RECOMMENDED PROPUISION SYSTEMS

In the analyses of Sections L, 5, and 6, certain propulsion systems were
recomnended for use in the particular space missions considered. Using
the previous specification catalog as a guide, the specifications of these
: propulsion systems are listede The Pirst and second stage propulsion |

~ 8ystems for the lunar landing and return mission !(using an intermediate
orbit), and the Merrs orbit establishment mission are described as well as
the };mpulsioh system recommended for the orbital rendezvous mission.
These descriptions (Table 3-21 to 323)will provide useful propulsion system
Iinformation in addition to illustrating the specification cataloge. The
specifications should be considered as preliminary. Further studies may

indicate that some modifications are desirables.

3-542 . R-3208
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TABLE 5-21

SPACE PROPULSION SYSTEM SPECIFICATIONS

Mars Orbit Establishment Vehicle

General Propulsion System Description
I, Energy Requirements

A, Total Impulse Required

1. Maodmm = 3,393 x 107 Ib-sec

2. Minimum = 2,0952 x 10/ lb-sec
B. Maximum Impulse

1, Incremsnt = 3;2907 x 107 1b-sec

2. Mission: Mars Intermediate Orbit Establishment
C. Minimum Velocity Increment

1, Increment 30 lb-sec ¢

2. Mission: Mars Intermediate Orbit Correction

D, Number of Increments = 3
IT. Thrust

A, Magnitude
l. Steady-state Design Thrust Magnitude
-

a. Initial Thrust-to-Earth Weight Ratip = 0,270 - 0,3093

b, Absolute Value = 30,000 1b

3-545 T R-3208
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TABIE 5.:1

(Continued)

2. Tolerance

4

) &, Engine-to-engine: r+ 3.0 percent
b. Run-to-run: + 1.0 percent
3. Throttling

a, St@p: 3:1
b, Contimuous: None
L. Number of Restarta: 2

ITII, Propellants
A, Composition: Liquid Oxygen/Liquid Hydrogen
B, Mixture Ratdo |
1. Nominals | | 5 (0/F)
"2+ Tolerance: + ‘0,5 percent
C., Specific Impulse
1. Referance Engine Parameters .
) a. Mixture Ratio: 5 (o/F)
ﬂ b, Chamber Pressure 500 psia
c. Expansion Ratio 30

2s Nominal Specific Impulse at Reference Conditions: L28 sec

¥ -
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TABIE 3-21

(Contirmed) .

~

Iv. Enﬂronmntal Restrictions

A,

Be

Zero Gravity Propellant Supply
1. Liquid/Vapor Separation Requirement: Provide liquid
propellant for engine start. Posaible venting requirement.
2. Number of zero gravity engine starts: 37
L. Tank Venting: To relieve propellant heating problen,
Space Storage of Propellants | |
l. Environment: Earth-to-Mars vicinity .
2. Storage Time: 250 days
3. Propellmf, Temperature Limits
a, lLiquid Oxygen
(1) Lower: Propellant Freezing
(2) Upper: Propellant ¥apor pressure and density
must not exceed, lhﬁt of propellant tank and
engine, | )
b. Liquid Hydrogen
(1) Lower: Propellant Freesing
(2) Upper: Propellant vapor pressure and density
must not exceed limits of propellant

tank and engine,
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TABIE 5-01

(Continued)

C. Component Design Restrictions: Protect from, or Deasign for

" Eartheto-Mars vieinity,
F. System Purging Requirements:

l. Number of Purges: 2

Yoig,

-0
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TABLE 5-21

SPACE. PROPULSION SYSTFM SPECIFICATIONS

’ Orbital Fstablishment ard Rendezvous Vehicle

General Propulsion System Description

I.

II.

Fnergy Requirements
A, Total Ideel Velocity Increment Required = 2700 fpe
B. Maximum Velocity Increment

1. Increment = 2200 fps

2. Mismsion: 5 deg plane change
C. Minimm Velocity Increment

1. Increment =1 fps

é. Mission: Rendesvous
D. Numbu' of Increments

1. Maxtmm = 4

2. Minimum = 2

F. Maximme Cutoff Impulse Velocity Uncertainty = 0.5 fpe

Thrust
KA. Magnitude
1. Steady-state Design Thrust Magnitude
¥ g, Initisl Thrust-to-Barth Weight Ratio = 0.1

b. Absolute Valus = 12,000 1b

-
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TABLE 5-21

(Continued)

2. 'Toleranoc

4

a. Fngine-to-Engines ¢ 3 percent
b, Run-to-Runt + 1 percent

- 3. Throttling .
a. Step: None,

b. Continuoust None

4. MNumber of Restarts: 3

III. Propellants
. A, Composition: Mixed Oxides of NitrogenMonomethylhydrazine
B. vMixt\n'o Ratio }
1. Nominal: 2.4 (°/F)
2. Tolerances + 0.5 percent:
C. Specific Impulse
1. Reference Engine Parameters
a. Mixture Ratio: 2.4 (°/F)
b, Chamber Pressures: 150 psia
¢. Expansion Ratios 25

2. Nominal Fngine Specific Impulse at Reference Conditionss 317 sec

IV. Envirormental Restrictions ek

A. Zero Gravity Propellant Supply
1. Liquid/Vapar Separation Requirement: Provide liquid for

engine start.
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TABLE 5-21

(Contimied) . o

2. MNumber of Zero Gravity Engine Starts: 4
. 4. Tank Venting: None

B. Space Storage of Propellants

1. Enviromment: Earth Vicinity »
2. Storage Times 1 hr. to 1 day (depending on landing requirements)
3. Propellent Temperature Limits
a. Mixed Oxides of Nitrogen
(1) Lower: Freezing (-76 F)
(2) Upper: Propellant vapor pressure and demsity shall
not ox_?nd limits of propellant tarks and engine.
b, Honcnotbylh:ydrazim : ’
(1) Lower: Freesing (=63 F)
(2) Upper: Vapor pressure and density shall mot exceed
propellant tank or engine limits.

c. .Conpono_nt Design Restrictions: Design far operation in earth
vicinity space enviromment or provide protection from the |
erwviromuent,

F. System Purging Requirementss
1, MNumber of Purges: 3

System Component Requirements
1. A;rfrm and Propellant Tanks
. A. Propellants

.
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TABLE 5-21
(Continued)
1. Propellant Description
a. Propellants: Mixed Oxides of Kitrogen/Monomethylhydrszine

b, Nominal Mixture Ratio: 2.4 (?/F)

2. Useable Propellant Weight: 28,000 1b
3. Reserve p:oi)e}iant Welght
a. Flight Perfarmance: 280 1b
b. Boil-offt ,None
Tank Loads
1. Handling: 4 g Lateral
3. Atmosphere Flight: 8 g Axial
4. Space Flight: 4 g Axial
Zaro Cravity Requirements
1. Gas/Liquid Separation: Provide liquid propellants for
onginb starts.

2. Tank Venting: None .

Pressurization System

A.

Purposes of Pressurization: Provide energy for expelling
propellants from tank isto combination chamber
Gas Volume in Propellent Tank

l. Incrementss 4

-
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TABLE S22

(Continued)
F. Enviroment
1. Storage
& Time: 1 Day Maximum

r

2, Tharnal: Earth Vicinity

III. PFngine System
A Propellant Description
1. Propellants: Mixed Oxides of Nitrogen/Monomethylhydrazine
3. Mixture Retio |
a. Nominal: 2.4 (°/F)
b. Tolerancet + 0.5 percent ‘
B. Thrust 7
1, Nominal: 12,000 1b
2. Tolerance
a. Run~to-Run: + 1 percent,
b, Engine-to-Engine: + 3 percent
C. Type of Feed System: Pressurized Gas
D. Specific Impulce
1. Nominals 317 sec
G. Throttling Requirement
1. Step: !Non.e

2. Continuous: Nons

I. Enviromment: Farth Vicinity
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TNERAL PROPUISION SYSTEM DESCRIPTION

I.

II.

TABI® 53-23
SPACE PROFULSION SYBTEM SPECIFICATIONS

" lunar landing and Return Vehigls (Orbital): Stage 1

L4

4

Energy Requiremente

de
Be

Co

D¢

Ao

Total Ideal Velsolty Tnoremert Required = 13,700 fpe
Maximm Velocity Increment

1l Inorement = 10,150 fps

2, Missions Barth/Mooa Transfer

Minimm Velosity Incremert

l. Inoremend *® 150 fps

2. Mission: NMid-cowrse Correction

Number of Incremsnts * 4

Magnitude

1. Steady-state Design Thrust Magnitude
a. Initial Thrust-to-Rarth Weight Ratlo = 0.35
be Absolute Valus = 125,000 1b

2. Tolsranece
a. Engine-to Bngine: 2 3%
b. Run-to-Run: < 1f
3. Throttling
" . & Btept Hene

be Continuoust !iom
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TABLY 5-23
(Continmed)
ke Wawber of Restarta: 3
III. Propellants
A Cemposition: Liquid Oxygen/ILiquid Hydrogen ’
Be Mixtare Ratio
Lo Nemimali 5.0 (0/¥)
2. Tolermes: % 0s§ pergent
G. Srecifie Impulse
le Referense Bnging Puremeters
& Mixture Ratiet 5.0 (0/F)
be OChamber Pressure: 500 peda
e+ Kxpansion Ratdos 30 A
2. Noxinal Exgine Speeifis Impulss at Referense Oonditions:
428 sao
IV. Enviromsntel Restrisilens
Ae Zero Qruvity Propellent Supply
1. ldquid/vaper Separation Requirements Plvd.d. Uquid
propeliant for engine stars.
2. Nuwber of Zere Orevity Enging Starte: J&
he Tank Venting: None
B. B8pace Storuge of Propellants
l. Envirerment: Rerth/Moon Vieimity
2. Btornsq Times k-5 days
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3. Propsllant Temperature Limitis

Liquid Oxygen

s

ke

(1)  lower:

(2)

Propeliant Freexing

Jposr:  Propsllant vapse pressure and density

nast not meodfliniu of propellant
tank sand engins,

Liguld Hydrogen

(1)

I¢rwers Propellant Preexing
{2) Uppers Propellant vapor pressure and densdty

st 2ot soceed limits of propellant
tank e &Uéﬁ,m.

Cs Componenmt Deeiyn Restrictions: Pmtoot fream; or Design for,
Rarth/Moon Visinity Bpase Baviromwent.

7. 3ystem Purging Requiremeuts:
l. Nuwsber of Purges: 3

¥y -
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(Contnued )

B8YSTEM COMPONENT RE)UIREMENTS .
I. A.irfrm and Propellant Tanks
. Ae Propallants ,
1. H‘:pellant Description .
& Propellants: Liguid Oxygen/Liquid Bydrogen
De Nomwinal Mixture Ratiog 5.0 (0/P)
2. Useabls Propellant Weight: 223,150 1b
3e Reserve Propellant Weight
2. Flight Performance: 2,230 b
S+ Trappeds 3, 060 1b
de Muel Bias: 1,225 1b
| .. Ml-gtfz None
Be Tunk Loads |
l. Handling: k g Lateral
3+ Atmosphere Flights 3 g axial
ke BSpece FMifghtr ) g axia
E. Zero Gravity Requiremente
L. Oas/Liquid Separations Provide liquid Propellants
for k engine starts,
2. Tak Venting: None
II. Pressurisstion System
de Purposes of Pressurisation: Provide suffioient NFSM for
h:rhoww;;ratdon and assisd in providing strootural suppoxd
a8 required, . )

-
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IIX. lhsin.
Ao

Ce
D.

Oe

Ie

» TABLL 5-15
(Continued)
Gas Volums in Propellamt 'ru;k
"l. Incrementss k4
Environmens
1. Storsge
& Timet 4 to § days
2. Thermal: Earth/Moon Vicinity
System '
Propellant Desoription
l. Propellants: Liguid Oxygen/Liquid Hydrogen
3. Mixture Ratio
a. Nowimals 5.0 (0/P)
be Tolsrance: :0.5 percent
Thrust
1, Nominal:s 125,000 1b
2. Tolerance
8. Run-to-funi 2 ) percent
bs BEoging-to-fngine: = 3 percent
TYre of Feed System: !_‘uﬁop\w
8Spesifis Irpulse
l. Nominalet /28 nes
Throttling Requiresmsnd
L Stepr Neme
e Continuouss Nome
Baviremmmt: Earth/Moon Vieinity Spase

. =-350
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TABIE -4
S8PACR PROPUISION SYSTEM SPECIFICATI ONB

Lunar Landing snd Retwrn Vehisle (Orbital):s Stage 2

QENERAL PROPUISION SYSTRM DESCRIPTION
'I. Buergy Requirements o
A. Total Ideal Velocity Increment Required = 15,770 fps
Bs Mxximm Velocity Increment
1. Inorement ® 6400 fps
2. Misslons landing from Orbdt
Co Minimm Veleeity Increment
‘ 1. Imrement = 60 fps
2. Misslons ‘Klliptical Orbit Establishment
De Numbar of Incremsnts . 6
I. fhrust
Ae Magnitude
1. Steady-state Design Thrust Magnitude
& Initial Tirust~to-Earth Weight Ratie = 0,58
be Absolute Value = 77,500 1d

Mo,

2, Toleranse
s Engine-te~Bugine: = 3 percent
bs Run-to-fwni 2 1 percem
3. Throttling .
a. 3Stept ) 611

bPe Contimmous: é percent

-
ey
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(Contjmeed)

lie Number of Restarts: §
III. Propellmts - h
Ae OCospesition: Liguld Gxygen/Liquid Hydregen
Be Mixture Ratlo
l. Nominal: 5.0 (0/F)
2. Tolerance: % 0.5 percent
C. Specifis Impulse - | ’
1. Referense Engine Purzmeters
a. Mixtwrs Radiot 5.0 (0/¥)
be GChamber Pressuret 500 psia
0. Expansion Ratlo: 30
2¢ JNominal Specifis Impulse at Reference Conditionss L20 ses
IV. Fovironmental Restrictdens
A« Zaro (ravity Propellant Supply
l. liquidNVapor Separation Requiremsnd: Provide liguid
Fepellant for engine start
2. Number of sere gravity engine l';aru: s
ke Tank Venting: YNone
Be Space Storege of Propellants
l. Envirenment: Earth/Mooa Vicinity
2. BSteruge Time: 2 Weels
3o Propellant Temperature Limits
ae Liqxdd Oxygen
(1) Lower: Propellant Freesing

IR AR




M,

{2 ] .’}m fropellant vapor pressurs and densidy
tank and engine.
be Lijudd Bydroges
(1) Lewer: FPrepellsnt Frossing
(2) Uppert Propellamt vapor pressurs and density
mst 2t emesd liits of propelland
tank and engine. f
e Coapurant Design RtMtinm: Protsct from, or Design fer,
Earth/Moon vu:;x;t} Epase Rvirenment .
Ve System Purging MM%:
l. Number of Purgess S

e 3 B -3208
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' e FABLE 3-24

‘( Continued?

SYSTEM COMPOMENT REQUIREMENTS
Yo Airframe and Propellant Tanks
Ae Propellamts
| l. Propellmt Description
a. Propsllamts: Liquid Oxygen/Liquid Hydregen
be Nowinal Mixture Ratios 5.0 (o/;)
2o Usesble.Propellamt wWeightt 76,150 1b
3. Reserve Propellamt Weight
& Flight Perfermance: 762 1»
, ¢. Trapped:t 1,040 1b
de Peel Blase L1B 1
e. Boil-off: XNons
Be Tank loads
1. Handling: k g Lateral
3« Awmosphare Flight: 3 g Aixial
ke Space Flights K g Axial
E. Zero Oravity Requiremsntis
o) 1. Gea/Liquid Separation: Provide liquid propellasts
for § engine starts.
24 mkvmtinga non.}
IX. Pressurisation System
Ae mpoou of Praasm'inﬁ.om Provide sufficiemt NFSH for

tarbepump operation and assist im providimg strustural suppord
as requireds

¥y -
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TABLL 5-24

{Continued)

Be Gas Yolume in Propellant Tank
1, Increments: 6
E. Enviromsem
. le Storage
L Time: 2 Weelks
2. Thermal: Earih/Moon Vicimity
IIX. Engime System | -
Ae Propellant Description
le Propellantss Liguid Oxygen/liquid Hydrogem
3. Mixture Ra¥lo
s Neminal: 5.0 (0/F)
" be Tolarmoee: 2 0,5 percemt
B. Trust
1. Nomimali 77,500 Ib
2. Tolarance
as Run=bo-tuns 2 1 peroemt
b Digine-to-Engines £ 3 percent
Ge Type of Feed Systems Turbepusp
De 8pecifis Impulse
1o Newinals k28 wes
G. Pwettling Requirement
1, Bﬁpc 612
2. Contimsoust 6 peroent
I. M: Earth/Moen Vicinity Space
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TABLE 3-25

SPACE PROPULSION SYSTEM SPECIFICATIONS

‘Mars Orbit Establishment Vehicle, First Stage

“

General Propulsion System Description’

I.

- II.

Energy Requirefients

A.

B.

D.

Total Impulse Required
1. Maximum = 9.8766 x 107 lb-sec.

2. Minimum = 8.850 x 107 1b-sec.

Maximum Impulse:

1. Increment = 9.8766 x 107 lb-aec.~

2. Miséignx Easrth Orbit Departure

Minimum Impulse

1. Increment = 8.850 x 107 1b-sec.
2. Mission: Earth Orbit Departure

Number of Increments = 1 Yoo

Thrust

A.

Magnitude

1. Steady-State Design Thrust Magnitude
a. Initial Thrust-to-Earth Weight Ratio

b. Absolute Value = 150,000 lb.

t
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III.

TABLE 3-25

¢ (Uoutinued)

2. Tolerance
a. Engine-to-engine: +3.0 percent
b. Run-to-run: *1.0 percent
3. Throttling
a. Step: None

b., Continuous: None

L. Number of Restarts: 0

Propellants
A. Composition: Liquid}Oxygen/Liquid Hydrogen
B. Mixture Ratio
1. Nominal: 5 (o/f) *
2. Tolerance: +5 percent
C. Specific Impulse
1. Reference Engine Parameters’

a. Mixture Rstio: 5 (o/f)

b. Chamber Pressure: 500 psia
c. Expansion Ratio: 30

2. Nominal Specific Impulse at Reference Conditionq&x 128 sec.
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TABLE o=

{Continued)

Iv. savironmental Restrictions
A. Zero jravity Propellant Supply
1. Liquid/&apor Separat.on Requirement: ‘?rovide liquid propellant
for angine start.
7. Number of Zero Gravity Engine Starts: 1
3., Tank Venting: None ) oo
B. GSpace Storage of Propellants
1. Enyiromment: Earth Vicinity ’
2. Storage Time: A few days ,
3. Propellant Temperature Limits
a. Liquid Oxygen
(1) Lower: Propellant Freezing
(2) Upper: Propellant vapor preessure and density must
not exceed limit of propellant tank and engine,
g. Liquid Hydrogen
(1) Lower: Propellant Freezing
(2) Upper: Propellant vapor pressure and density must

not exceed limits of propellant tank and engine.

ya

N, .
C. Component Design Restrictions: Protect from or Design for

Earth Vicinity Environment.
D. System Purging Requirements:

1. Number of Purges: None

S50 R-3208
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Hontrnued )

System Component Requirements
I. Airframe and Propellant Tanks
A. Propellants
1. Propellant Description
a. Propellants: Liquid Oxygen/Liquid Hydrogen
b. Nominal Mixture Patio: § &o/f)
. 2. Useable Pfopellant Weight:
a. Maximum: 235,500 1b.
e Minimum: 211,780 1b.
3. Reserve Propellant Weight

a. Flight Performance: 2,354 1lp, (maximum)

b. Trapped: 3,220 1b. {maximum)
c. Fuel Bias: . 1,290 1b. (maximum)

d. Boil-off: None
8. Tank Loads
1. Handling:' L g Lateral
2. Atmoséhere Flight: 3 g Axisl g
3. Space Flight: i g Axial
C. Zero Gfavity Requirements
1. Jas/Liquid Separation: Provide liguid propellant for engine st

2+« Tank Jenting: None
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II.

III.

Sep

TABIE 3-25
(Continued)

Pressurizstion System

A. Purposes of Pressurization: Provide sufficient NPSH for

’ turbopump operation and assist

4

as required.

Bs Gas Volume in Propellant Tank
l. Increments: 1
C. Environment
l. "Storage
a. Time: a few days

2. Thermal: Earth vicinity

Engine System

" A. Propellant Description

1. Propellants: Liquid Oxygen/Liquid Hydrogen
2. Mixture Ratio .
a. Nominal: 5 (o/f)

b. Tolerance: +0.5 pefcent
B. Thrust
1, .Nominal: - 150,000 1b,
2. Tolerance
8, Run-to-Run: +1.0 percent

L -
b. Engine-to~Engine: 3.0 percent

3-366
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TABLE 3-25
(Continued)
Type of Feed System: Turbopump
Specific Impulse
1. Nominal: L28 sec.
Throttling Requirement
l. Step: None
2. Continuous: None

Environment: Earth Vicinity
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